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REPORT ON SHOCK TUNNEL STUDIES OF SCRAM JET PHENOMENA

NASA GRANT NAGW 674 - Supplement 5, 1989

As In previous reports, this consists of a series of reports on specific

project areas, wlth a brief general introduction commenting on each report.

The Introduction Is structured by project areas, wlth the title of the

relevant report stated under the project area heading. The reports

themselves follow In the order of the project area headings.

The commentary begins with a brief revlew of the program of work planned for

1989.



Planned Pr'ogramfor 1989

Hypersonic Combustion: Continue studies with a central injection

configuration, involving pltot and heat transfer surveys of the combustion

wake, and the effects of pressure, Mach number and duct cross section.

Experiments on hypersonic combustion with orifice injection from the walls

were also requested.

Continue development of a heated hydrogen experimental rig.

Explore the effects of promoting mixing of a film coollng layer, in order to

encourage combustion, and continue the development of skin friction gauges.

Continue development of scaling studies experiments.

Drag Measurement: Use a drag balance to measure drag on a cone, as a prelude
to measurement of thrust.

Expansion Tube Studies: Continue theoretical studies of expansion tube

operation, seeking understanding of the operating limits imposed by flow

disturbances, and continue studies of methods for predicting test section
flow conditions.
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SCRAM JET STUDIES

Investigation of a Supersonic Combustion Layer R.T. Casey and R.J. Stalker

This work is a fundamental study of the wake formed by mixing of an hydrogen

stream, issuing from the trailing edge of an injection strut, with the

surrounding highly supersonic air stream. A first attempt at measuring pltot

pro£iJes in the wake was made in _988 but proved unsuccessfu] because

unsatisfactory test flows were produced by the experimental apparatus. This

problem has now been overcome, and measurements of pitot pressure and

stagnation point heat transfer on small probes have been made in a flow at

M = 4.2, and a stagnation enthalpy of 9.4 MJ/kg.

Measurement of static pressure distributions on the wall of the duct

indicated that combustion was taking place, but this did not significantly

affect the pitot pressure profiles. With an injection slot width of 1.6 nun,

measurements taken up to 154 mm downstream of injection indicated that the

centreline pitot pressure changed very slowly with distance, indicating slow

mixing rates. No significant effects of combustion on the pitot pressure

were observed, even when a sllane-hydrogen mixture was used as fuel.

Preliminary stagnation point heat transfer measurements are somewhat

equivocal at this stage, indicatin E that this may perhaps, be an effective

means of detecting combustion.

Wall Injected ScramJet Experiments C.P. Bresclanini

Previous experiments had shown that, when hydrogen was injected in a film

cooling mode along one wall of a combustion duct, very effective surface

thermal protection was observed, but no slgnl[Icant downstream combustlon

occurred until equivalence ratios rose to almost 2. Numerical analysis

indicated that this was because mixing between the hydrogen fuel and the air

was suppressed by the presence of the wail.

These experiments were aimed at promoting combustion by using ramp type

mixing protrusions, mounted on the surface downstream of Injection. Although

a number of dlfferent test conditions and mixer configurations were studied,

no significant combustion effect was observed.

Supersonic Combustion with Transverse, Circular, Mall Jets

R.G. Morgan and R. Casey

A series of experiments was performed in a constant area duct with fuel

injected through orifices in the wall of the duct. The centreline of the

orifices was inclined at 30 ° with respect to the stream direction, and the

injection orifices and duct cross sectional dimensions were chosen to

maintain a 2:1 aspect ratio for the part of the duct cross section fuelled by

each orifice. The experiments were conducted at duct inlet flow Mach numbers

of 4.2 and 5.5 approximately.

It was found that substantial static pressure rises occurred in the duct when

fuel was Injected, Indicating that mixing and combustion was taking place.

The duct dimensions and operating conditions that supported combustion were

found to be the same as those for a central injection strut. This suggests

that, providing a configuration is chosen which promotes adequate mixing, the

presence of combustion may not be sensitive to the Injection configuration.
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Dissociated Test Gas Effects on ScramJet Combustors R.G. Morgan

Free stream freezing of oxygen constitutes a major disadvantage of reflected
shock tunnels when operating at moderately high stagnation enthalptes. This

is particularly important for combustion experiments, because the energy
invested In oxygen dissociation represents a very substantial effective
increase In the calorific value of the fuel. Some indication of the

seriousness of thls effect, In practical terms, may be gained from

experiments on the same model to be conducted at G.A.S.L., using the

"Hypulse" expansion tube, and at The University of Queensland, using T4.

However, as a prelude to these experiments, the effect of oxygen depletion of

the test gas Is explored. The alm Is to compensate for the increased

effective calorific value associated wlth oxygen freezing by reducing the

amount of oxygen In the test gas. In thls investigation, one dimensional

computations of premlxed reacting flows are used to examine the effects of

oxygen adjustment, as determined by a heat balance approach. The

calculations suggest that simulation of the flow In a combustor Is possible

In the presence of free stream freezing by suitably adjusting the initial

oxygen concentration In the test gas.

Use of Sllane as a Fuel Additive for Hypersonic Thrust Production

R.G. Morgan

The difficulties experienced In producing hypersonic combustion (reported In

previous grant reports) are thought to be associated wlth the low pressures

associated wlth hypersonic flow In the shock tunnel. One method of coping

wlth thls Is to raise the tunnel operating pressures, and the effects of

doing thls are noted In later parts of thls report. Another approach Is to

add sllane to the hydrogen fuel, and thls Is discussed In thls section.

It was found that sllane allowed combustion at much lower pressures than wlth

hydrogen alone, and may offer a means of extending combustion studies to the

Mach numbers of 7 or 8 associated wlth very hlgh velocity propulsion.

The experiments were conducted under test conditions such that the nozzle

stagnation pressure decayed by 15Z during the test period, and the effect of
pressure decay on the thrust measurements In the nozzle Is discussed. A
control volume approach Is used, and It Is argued that decay in test

conditions has negligible influence on thrust increment measurements l.e.
fuel-on minus fuel-off valves. A different approach Is to use the Hypersonic

Equivalence Principle In interpreting results In a decaying pressure state -

this yields the same result.

Pressure-Length Correlations In Supersonic Combustion

P.A. Jacobs and R.J. Stalker

Thls Is the first test in what Is intended to be a study of scaling effects

In scramJet combustors. Thls Is to be an investigation involving three

models, of differing scales, and the present results were obtained in the

largest of the three models. The results of thls test show that the

combustor duct Is long enough to produce a significant combustion pressure

rlse {approximately 35Z) at static pressures of approximately 30 kPa. Thls

Is low enough to permit much higher pressures wlth smaller models, indicating

that the range of pressures available can be expected to be sufficient to

allow a meaningful study to be undertaken.



Hot Hydrogen InJection Technique for Shock Tunnels H. Wendt

A safe, pulsed method of heating hydrogen for heated fuel injection studies
is required. A small gun tunnel is being constructed for this purpose. It
will be mounted in the dump tank of the shock tunnel and the hot, high

pressure sample of hydrogen which is created by the compression process will
be fed directly to the fuel injector assembly in the scramJet.

Heat Release - Wave Interaction Phenomena in Hypersonic Flows N. IR. Waa'-d

The management of the wave interactions caused by combustion in a hypersonic

duct Is expected to be a long term problem in high velocity scramJet

propulsion. As a fundamental study of this effect, it is planned to perform

experiments with simple duct flows wlth dissociated nitrogen test gas. The

dissociated nitrogen is produced by the shock tunnel nozzle flow and, In

recomblnlng, exhibits heat release characteristics which are not unlike a

burning hydrogen/alr mixture. Observation of the waves produced by the

recombination process, using differential Interferometry, is to be used to

Investlgate thrust losses caused by wave mismatching.

A Study of the Wave Drag in Hypersonic ScramJets NesrlnAkme_

Previous analytical investigations, using small perturbations theory, have

shown that the effects of wave drag in a two dimensional combustion duct can

be demonstrated by converting a Busemann Biplane to a Busemann ScramJet

through the agency of heat addition. This study carries thls approach Into

the region where the wave interactions are not linear, by simulating the flow

numerically.

Progress to date has indicated that matching the duct to the wave patterns

involves balancing a number of effects If It is to be done accurately.

However with the approximate matching which has been achieved so far, the

variation of drag with Mach number for a non-llnear Busemann Biplane has been

studied, and is seen to exhibit maxima and minima which are

qualitatively the same as in llnearlzed theory.

Para,metrlc Study of Thrust Production in the Two Dimenslonal Scr_mjet

G.A. Allen Jr.

The process of thrust production in the expansion nozzle of a scramJet

involves interaction between the Mach number distribution in the combustion

wake produced by the combustion chamber processes, and the expansion waves

generated by the walls of the thrust nozzle.

This process is investigated here using the method of characterlstlcs in a

numerlcal simulation. A simple two dimensional configuration is considered,

and the effects of varying parameters such as thrust surface angle and
combustion wake Nach number distribution are considered.

The DesiLm of a Mass Spectrometer for use in Hypersonic Impulse Facilities

K. Skinner

In order to measure species concentrations In combustion flows, a mass

spectrometer is being developed. This is to use =tlme-of-fllght" mass

discrimination, and is expected to allow a number of scans of the mass

spectrum at a point in the flow during each tunnel test.
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Shock Tunnel Drag Measurement S.L. Tuttle and J.M. Slmaons

The Inltlal work by Sanderson and Simmons Is being extended to drag

measurement on'a slender cone, wlth a 5° seml-vertex ang,|e. This involves a

cone approximately 400 mm long, and leads to much greater problems with

slgnal to noise ratio than the initial work. Some preliminary results are

presented, indicating that accuracies achieved in the earlier work have not

yet been achieved with this more difficult model.

Development of a Skln Friction Gauge for use in an Impulse Facility

Gabrlelle Kelly

This work is proceeding, mainly by meeting a series of difficulties and

evolving methods of overcoming them. At thls stage, measurements which

appear to be skin friction signals are being obtained, and further refinement

Is expected to produce a working gauge.

SHOCK TUNNEL STUDIES

Hyperveloclty Flow in Axtsymmetrtc Nozzles P.A. Jacobs and R.J. Stalker

In developing a set of meaningful scaling experiments, it has been found

necessary to design and manufacture shock tunnel nozzles for a range of Hach

numbers and sizes. This has provided an opportunity to compare the quallty

of test flow produced by these nozzles.

The Mach number range of the nozzles was from 4.0 to 10. The M = 4 nozzle

produced a nearly uniform and parallel flow, according to design

requirements. However, the M = I0 nozzle was found to be much more

susceptlble to boundary layer effects. In fact, when operating at enthalples

approaching 30 HJ/kg, with a nozzle stagnation pressure of only 20 MPa (both

conditions which tend to produce thick nozzle boundary layers} it was found

that steady flow could not be establlshed during the test time. Whilst this

situation could be rectified for this nozzle by raising the nozzle stagnation

pressure, It suggests that it may be difficult to operate axlsymmetrlc

nozzles at significantly higher Mach numbers.

Shock Tunnel Development (Supplementary Project) R.J. Stalker and R.G. Morgan

Raising operating test section pressure levels can be done by raising the

main diaphragm burst pressure and the driven gas volumetric compression ratio

In a range of combinations. The trade off involved in these combinations Is

discussed.

Hypersonic combustion of hydrogen and ethane is demonstrated.

possible by the increased operating pressure levels.

Thls Is made

Real Gas Effects in Hyperveloctty Flows over an Inclined Cone R. ). Krek

This study has three purposes. It is complementary to the study of drag
forces, in that It reveals aspects of pressure measurement which need to be
understood If pressure drag is to be calculated accurately. It Is a study of

the type of flow which Is llkely to characterize the forebody of a scramJet

vehicle at high Mach number. It also constitutes a reasonably careful set of
measurements, aimed at validating a 3-D c.f.d, code which, hopefully, may

eventually be applied to scramJet flows.
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I_P_'SION TUBE STUDIES

Investigation of Flow Characteristics In TQ Expansion Tube A. Neely

Thls project Is aimed at predicting the test section flows generated by a_

expansion tube. From the point of vlew of scramJet testing, the presence of

dissociated oxygen Is particularly important, and a ready means of estimating
the conditions under which thls occurs Is needed. The work reported here Is

a record of an attempt to generate a theory which wlll readily predict test

section compositions when dissociation fractions are low. It Is being

conducted In parallel wlth an experimental program, involving both alr and

argon (because of Its theoretical simplicity) as test gas.

Disturbances in the Driver Cas of a Shock Tube A. Paull and R.J. Stalker

This Is a continuation of a study aimed at understanding the source of the

disturbances on the pltot pressure which limit the range of operating

conditions of expansion tubes.

It was previously postulated that, over a substantla_ange of potential

operating conditions, these disturbances were assoclated_Incluslons of driver

gas In the test gas. In order to test thls hypothesis, a differential laser

Interferometer was used to observe variations In the integral of test gas

density across the tube as the flow passed a given station. The variations

observed were much smaller than those expected, casting considerable doubt on

the "bubbles = theory.

Therefore a new approach was taken. Thls Involved the recognition that the

pltot pressure disturbances observed In expansion tube operation may have

originated In the shock driver {possibly from disturbances generated at

diaphragm rupture), before being transmitted Into the shock tube test gas

sample prior to Its processing In the acceleration tube expansion.

The acoustic disturbance modes which are compatible wlth the boundary

conditions applying the shock tube are analysed,and attention Is focused on

longitudinal waves, and a first order lateral wave. The structure of the

flow In the shock tube driver gas Is analysed and It Is argued that, under

these conditions, the observed pltot pressure fluctuations are evidence of
the dominance of the lateral wave. Thls Is consistent wlth the failure to

observe strong disturbances In the laser Interferometer experiments.

This work will continue, wlth a vlew to studying the way In which the lateral

waves penetrate the driver gas-test gas interface, and traverse the

acceleration tube expansion, Into the test region.
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INVESTIGATION OF A SUPERSONIC COBIBUSTION LAYER

by

R. T. Casey and R. J. Stalker

In i989 a set of experiments were conducted in the T4 free piston shock

tunnel which sought to investigate the development and mixing of a combustion

region in a scram jet duct. /he ambient btach number and enthalpy were 4 and

9.4 lqJ/kg respectively. A table of the other flow conditions is given in

table 1.Hydrogen was injected into the flow from a 2-D slot type injector

parallel to the free stream flow but at a slower velocity. The nominal

equivalence ratio for the experiments was 1. A pitot rake and a heat transfer

rake were used to measure the pitot pressure and heat transfer rate

respectively. The rake was moved to various downstream positions in order to

monitor the development of the pitot pressure and heat transfer within ti_e

mixing region at various downstream positions. Wall static pressure

measurements were also taken. A schematic diagram of the experimenuai set up

is given in figure 2.1.

For each downstream position the rake was moved to, a set of three shots

were fired. For the first hydrogen was injected into an ambient

airflow,(termed fuel on). For the second shot, hydrogen was injected into an

ambient nitrogen flow (termed fuel into nitrogen) and for the third shot, no

fuel was injected into an ambient airflow (termed fuel off}. Comparison of

the wall static pressure measurements for the fuei on and the fuel into

nitrogen shots showed an increase in wall static pressure for the fuel on

case thus confirming the presence of combustion. Comparison of the pitot

pressure and heat transfer measurements between the fuel on and fuei into

nitrogen shots served as a useful means of separating mixing effects and

combustion enhanced mixing effects.

Figures 2 and 3 each show the pitot pressure measurements taken for the

fuei on, fuel off and fuel into nitrogen shots for the case of the rake being

31 mm and 81ram downstream from the exit plane of the injector respectively.

Several observations of these plots are as follows:

1)The decay of centre line pitot pressure to its free

stream value is very slow indicating that mixing is very weak,

2)Variations between the fuel on, fuel off and fuel into

nitrogen profiles is very small for both the 31ram and the 81ram downstream



cases. This suggests that combustion is having little effect on the mixing of
hydrogen and air streams

3)A degree of asymmetry exists in the pitot pressure
profile.

Nitrogen was injected into quiescent air of ambient temperature and
pressure of 40 kpa. The pitot rake was moved to a position 54ramdownstream of
the injector exit and pitot pressures were measured for this condition. The

pitot rake _,-asthen adjusted up half the pitch of the transducer spacing to
increase the resolution of the pitot measurements. Again, nitrogen was

injected into quiescent air. The results of the two shots is shown in figure
4. From this figure, it can be seen, that the injector does noL inject the
fluid symmetrically about the centre liz_e. /:hi_ effect explains the asymmetry

of the pitot I:,ressure measure,neweLs of figures 2 and 3.

Figure 5 gives a comparison of two pitot pressure profiles. Tim first

was taken /z'om a shot _,'here hydrogen was injected into the /,lach 4 air sLr_am

and the other a 20% silane 80% h.vdrogen mJ_xture was in.leered, iL was expected

that with the addition of siiane, the second case wouid produce improved

combustion and this in turn would produce improved mixing. However, little

difference can be seen between ti_e hydrogen injection case and the

siiane/hydrogen injection case.

The signals recorded from rhe heat transfer transducers were digitally

integrated. _he value obtained from the fuei on shots and fuel into nitrogen

shots were normalized against ti_e value obtained from the fuel off shot.

Since the fuel is injected at a cold temperature (approximately i50 k) then

this normailzed value of heat transfer is expected to be less titan unity _imn

close to tile fuel jet. i<hen thl_ noi.malizetJ heat transfer value is higher for

the fuel on case than for the fuel off case, then it can be taken that the

heat release of combustion accounts for this rise. Si:: of the ten heat

transfer gau_es used suffered constant malfunctions after each shot and so no

data was collected from these. Consequently heat transfer data from this set

of expe,'iments is sparse. Table 2 gives heat transfer data for the case of

the pitot rake being 154mm aownstream of the injector exit plane. The

distances quoted at the top of the table are distances from the centre line

of the duct. From this table , it can be seen that -19ram a_,ay from the centre

line the normalized heat transfer value for the fuel into nitrogen case is

higher than for the fuel into air case. This is thought to be a boundary
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layer effect.

It is intended for this year to conduct further experiments in th_s

area. The macl_ number will be varied, up to blach 5, and the resolution for

each pitot profile will be increased,
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COND ! TIONS FREES TREAM HYDROGEN

Stagnation Enthalpy 9.4 MJ/kg

Stagnatlon Pressure 13 Mpa

Density 0.063 kg/m s O.081 kg/m 3

Velocity 3531 m/s 2400 m/s

Mach Number 4.2

Static Pressure 36 kPa 36 kPa

Temperature 1933 K 124 K

Table I Experimental conditions

DISTANCE FROM

CENTRE LINE

NORMALIZED HEAT

TRANSFER

H z _ N z

NORMALIZED HEAT

TRANSFER

H z _ AIR

-19 mm

1. 202

1.035

-8 mm

0.873

1.125

-2,5 mm

O. 476

0.42.5

14m

0.97 9

1.420

Table 2 Heat transfer values measured 154 _do_nstreal

from the InJector exlt
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WALL INJECTED SCRAM JET EXPERIMENTS

C. P. Bresclanlnl

A series of two-dlmenslonal wall injected scramJet experiments,

performed in the T3 shock tunnel, have been reported previously by Morgan

et. al. 1'2 Subsequent numerical simulation of some of these experiments,

by Bresclanlnl and Morgan 3, have indicated that combustion was being

limited mainly by the fuel/alr mixing rates. As a continuation of this

earlier work a series of experiments were devised to be performed in the

newer T4 shock tunnel at the University of Queensland. The aim of the

experiments was to reproduce shock tunnel conditions similar to those

experienced in T3, and also to see if fuel/ air mixing could be enhanced

by the addition of "mixers" to the wall of the model.

The experiments were based around the same wall injected scramjet

model used in the prevlous T3 experiments. The scramJet was configured as

a constant area duct, with a tangental wall injector, for all of the

experiments. Three nominal stagnation enthalpy conditions, namely 8.8,

6.6 and 3.8 MJ/kg, were chosen to match as closely as possible the

stagnation enthalpy conditions used previously in T3. These three nominal

enthalples were taken from a table of standard T4 shock tunnel operating

conditions. The actual experimental stagnation enthalpy was a function of

the stagnation pressure at the chosen test time. 2 mm steel diaphragms

were chosen for the compression tube/ shock tube junction to keep overall

pressures relatively low. This was desired so that less strain was placed

upon the compresslon tube driver,

The only shock tunnel

nozzle available during the experiments was the nominally Mach 5 nozzle.

To make a more direct comparison with the previous T3 experiments, which

were performed at Mach 3.5, it was necessary to pass the flow through
e

oblique shocks, created by I0 wedges, located upstream of the inlet to

the scramJet model (See Fig. I). The Mach number at the inlet to the

model was estimated to be approximately 3.8, although the actual value

was stagnation enthalpy dependant.

The experimental results to date consist of approximately 28 shock

tunnel runs in T4, using hydrogen, helium, sllane and ethane, injected

over a range of injection pressures. The experiments were supplemented by

a further 27 shots using the 4 hump or single hump mixers shown in

15



Fig. 2. The 4 hump mixer is only of a simple, preliminary design, with

the intention of enhancing the fuel/alr mixing rate. The mlxer has a

disadvantage In that the flow created by the mlxer no longer remains

two-dlmenslonal, making numerlcal analysis of the results more dlfflcult.

Shock waves off the front of the humps wlll also produce pressure rises

whlch may lncrease combustlon, even If the mixing Is not improved. The

single hump mixer was devised In an effort to dlstlnguish between these

two effects {l.e. pressure and mixing) as no slgnlflcant mixing

enhancement was expected wlth the single hump. The flow wlth the single

hump mlxer remains two-dlmenslonal allowing easler analysis of data.

Experimental data consists mainly of statlc pressure measurements

along the top and lower walls of the model, and a few heat transfer

measurements. The experimental data ls currently being analyzed, however,

an example of the preliminary results can be seen in flgure 3. The flgure

shows static pressure along the lower surface of the model (I.e. the

surface containing the wall Injector), normallzed by the shock tube

stagnation pressure, at an "absolute" time of 5 ms, or approxlmately 1.5

ms after incident shock reflection In the shock tube. The free stream

test gas consists of air at a nominal stagnation enthalpy of 8.8 MJ/kg.

The figure compares a run when hydrogen fuel was injected {RUN 709 ,

P = 200 kPa) wlth a similar run when no fuel was injected {RUN 712 ,
0,H2

P = 0 kPa). There is a notlceable, but small, difference between the
O,H2

fuel on and fuel off pressure traces for this low injection pressure

case. Also shown on the figure Is the result when the 4 hump mixer is

added to the lower wall, downstream of the injector (RUN 759 , P = 200
o,N2

kPa). Unlike the result without the mixer, a significant pressure rlse

can be observed at the downstream end of the duct. This data wlll have to

be looked at in the context of other experimental (and numerical} results

before a definite conclusion can be drawn as to whether thls Is a genuine

improved mlxlng effect, or whether It is due to shock waves (or both).

Unfortunately the single hump mixer was not tried at a similar hydrogen

injection pressure in order to make a comparison wlth the above results.

Experimental work on the wall injected scramJet conflguratlon will

continue Into 1990. During the year It is hoped that a new mixer design

will be tested, along wlth some perpendicular injection experiments. The

T4 shock tunnel is now also equipped with a Mach 4 nozzle, which wlll do

away wlth the need for the wedges placed In front of the inlet to the

model.
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Figure 1 Scram Jet Model in Shock Tunnel Test Section
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ABSTRACT

A •eries of experiments are reported using inclined circular yell J•te in

rectangular ecr_Jet combustion ch_bers conflgured as constant area ducts. A

Free Piston shock tunnel was used to create inlet flow NJch numbers between 4.2

and 5.5, at enthslpies corresponding to flight speeds of between 3.5 and 5.3 k_a/8

Measurements of duct static pressure levels indicated that significant mixin K

and combustion was achieved. Usin K hydrogen as • fuel, it was found that multi-

point injection from _wo sides of the duct Kave a larger, and more rapid pressure

rise.

In hypersonic flow it was found that combustion only occurred for the duct

dimensions and operating conditions that support combustion with central

injection from a 2 dimensional strut.
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1.0 INTRODUCTION

'o

To achieve efficient combustion in an •it breathing combustor, mixing must take

place on • scale varying from the molecular, to • characteristic duct dimension.

In • two dimensional flow situation the mixing layer must propagate from the

injection point to the duct walls, or to • plane of symmetry if multi layer

injection i$ used, Figure 1,

In this t_star_ce, the primary requirement is to allow adequate axial length in

the combustion chamber for the mixing layer to speed •cross the duct. Because

of the 2 dimensional nature of the flow, the transverse length scale is decoupled

and, except for the edge effects, the inlet aspect ratio is not • consideration.

However, in a fllF_t conflKuratlon it may be necessary to depart from 2

dimensional f-lows. Central, parallel injection has been shown to be effective

in supersonic flow, (reference 1), but there are likely to be structural problems

with struts alarming the flow in real fliKht. Two dimensional injection has been

used from • wall, with both parallel an transverse components, (reference 2),

but the results were not very promising. In particular, as the combustion

chamber each Dumber increases, the rate of spread of • two dimensional mixing

layer is known to decrease, (reference 3).

Mixing may in principle be enhanced by using 3 dimensional configurations which

alloy the fuel Jet to penetrate into the free stream flow. For instance, •

circular Jet as shown In Figure 2 may have sufficient momentum normal to the flow

direction to carry fuel right across the duct.

However, the /act that injection is nov from discrete stations, rather than as

a continuous sheet means that the Jet has an extra dimension to spread in, and

that the mtxin K will be • more complicated process.

For purposes of analysis it is convenient to treat the combustion chsaber as •

number of cells, each centered on • circular Jet. Apart from differing boundary

conditions, i.e. walls as opposed to planes of symmetry, the cells are considered
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to be identical with respect to the major fsaturss of tha flow.

Intuitively, it would seem that the overall length scale of the cells, and the

aspect ratio would be important parameters for this sort of injection. The

length scale deteruines the total cross flow distance over which the fuel has

to ,be tr•nsported,_and the aspect ratio gives a measure of the relative

propagation _ Work perforwed •t the NASA Langley Researcn _enter, (reference 4),

has indicated that a width to height ratio of 2:1 nay be optimal for achieving

8ood mixing throughout the cell. This shape is consist•nt with the assumption

that the primary mechanism for large scale mixing is the formation of circular

vortices on both sides of the fuel Jet.

The experlmen_ reported in this paper were desi_n_ed to test the effectiveness

of the injection concept in both supersonic and hypersonic flows.

2.0 IRPARATUS

The facility used for the tests reported here was the Free Piston shock tunnel,

T4 •t the University of Queensland, (reference 5). The model used was a constant

area duct, Figure 3 configured for single or two point injection from one, or

both sides of the duct. The duct could be configured with an intake cross

section with ziominal dimensions 25 m hi&hby 50mwide, or 50 --! square.

From Figure & it can be seen that 3 basic configurations are available which

preserve the 2:1 aspect ratio.

Comparisons between configurations A and B, Figure & involve • change of length

scale, and boundary conditions, as 2 walls •re replaced by • plane of syu_etry.

Comparisons between configurations A and C involve only • change in boundary

conditions, as one wall is replaced by • plane of symmetry.

Using the same apparatus it is evidently possible to produce for comparison other

intake aspect ratios, Figure 5. Not all available configurations were tested.

Injection was through sonic throats, inclined at 30" to the flow direction and

flush with the wall surface, Figure 6. The fuel was supplied from • Ludweig tube
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reservoir, (reference 6), with equivalence ratio balm& controlled by the

reservoir prossuro. I_en comparl_ sickle and m_ltipoint injection, i.e.

confi&urations A.and S F/sure &, the total throat area vii maintained constant.

This was done as that the primary Jet parameters of dynamic pressure ratio, math

number and temperature would be conserved at a siren equivalence ratio.

In calculatin_ the fuel Jet flow properties, it was assumed Chat the lnJectant

expands laentropicaly from the throat conditions to the free stream static

pressure level.

3.0 RESULTS

In table 1 a Lanifest of the runs performed in this series of testa is presented.

The characteristic dimension chosen to categorize the cell sizes is the diagonal.

Note that this refers not to the external duct geometry but to the size of the

similar interval units which the injection pattern creates Figure 4. In table

2 a sulmary of the test conditions is given.

The first teat was primarily to determine if combustion would occur at all, and

configuration A, Figure 4 was used. The results are displayed for an enthalpy

of 6 mJ/k B in Figure 7, as a plot of static pressure a_ainat distance down the

duct. The static pressure levels are normalized by the shock tube ataLmation

pressure to compensate for minor variations beseem runs. An indication of

combustion was siren by comparing the relative pressure rises produced by

injecting fuel into air, and fuel into a flow of nitrosen at the same conditions.

At this stake, a problem of interpreting the results of 3D flow data becomes

apparent. In 2D flow a single static pressure monitoring point is adequate to

fully define the wall static pressure at any axial location.

To do the same r_ln_ln alloy v here r_e pressure lay vary In any of 3 dimensions

requires a 2 diuensioual array of pressure transducers for all surfaces of

interest. Such instrumentation was beyond the scope of the present series of

experiments, and the pressure uonitoringpoints were mainly located out he center

line. This introduces the possibility that the pressure at the point chosen for



the _easurosent misht be sisnific•ntly different than the ever•Be wall static

pressure at the axial locatlon. This data should therefore be interpreted with

care, especially'v hen tryin& to coup•re the efficiency of different injection

configurations which produce different cross flow pressure profiles.

Some indication of the order of the transverse pressure changes which apply is

siren by the 2 transducers mounted 335 In from the Intake. One of them is on

the centerline, and the other is offset. A difference in pressure was sometimes

_•sured by rJhese transducers, as seen for instance in the injection into

nitrogen data in Figure 7. Transverse pressure Br•dients in supersonic flow

create a wave pattern, the overall effect of which is to reduce the pressure

difference. The data was obtained in • duct with • length to height ratio of

30, and • lengr_h to width ratio of 15. This would allow for multiple reflection

of waves within the duct, so that a local perturbation to the transverse pressure

profile would not be aaintained throughout the length of the duct. In Figure

7 it is seen that the increased pressure Deasured when injecting fuel into air,

as opposed to nitrogen, is sustained over • substantial length of the duct. This

is taken as evidence of • _enuine combustion effect, rather than an accident of

transducer location in • complicated flow field.

Another indication that transverse pressure gradients, in either direction, are

not unduely distorting the ueasureuents is given in Figure $. Pressure

measureRents were taken on the top and bottol surfaces simultaneously0 and are

represented by the syubola + and x, without lines. The axial development of

pressure with distance is seen to be sensiblythe same on both sides of r_e duct.

Using the same configuration, the tests were repeated at two different stagnation

enth•lpies. The results, presented in Figure 9, ahow no significant temperature

dependency. This is surprisin8, as the static telperature levels were varied

between 1200and3075k, over whlchrar_e • significant change in combustion heat

release would be expected. The injection conditions for the 3 different

enth•lpies are included in table 1A, and are ae•n to be sllil•r in Jet mach

number and _lc pressure ratio.

The model was then re-con£1gured as shown ln Flgure 4B, in order to investigate
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the affects of varying the ler_th scale of the nixing cells, but _intainir_ the

2:1 aspect ratio. In Figure 8 • conparison is shown st an enthalpy of 6"lmJ/kg

end an equivalent6 ratio of appro_ls_ttely 1 of the effect of the cell size. It

is seen that a significantly increased pressure rise occurred with sheller cells.

This is an intuitively sensible result, as the large scale eddies have to decay

over a smeller ranse before molecular mixin K is complete.

Fuel was again injected into nitrogen test gas to confirm thatthe pressure rise

was combustion induced. In Figure 10, the fuel into nitrogen profiles for both

configuretior_ are shown. It is seen that without reactions, the presence for

4 inert Jets does not significantly after the duct static pressure levels.

This configuration was also tested at 13.9mJ/kg, Figure 11 and it was again seen

to give larger pressure rise than the single Jets. However, once again it was

noted that the pressure profiles were not strongly temperature sensitive, (Figure

12). Combustion of • given fraction of the fuel would be expected to generate

a larger pressure rise in the low enthalpy, cold test gas. The fact that this

effect was _ot observed suggests that either more fuel was burned in the high

enthalpy flow, or that for some reason the heat release was enhanced.

The dissociated test gas at the higher anthalpies provides a possible sechaniss

for extra heat release due to the heat of formation of oxygen molecules. When

combustion is from atomic rather than molecular oxygen the effective heat of

combustion is increased. However, this would be in contradiction to previous

results in a s_xpersonic constant area duct u sing two dimensional injection, where

the pressure rise was lover at the higher enthalpies.

The model was then reconfiKured as a 50x$0 an 2 duct with injection free single

holes on the top and bottom surfaces, as shown in Figure 4C. The aspect ratio

of 2:1 was preserved, the purpose of the tests was to investigate the effects

of changing the boundary condition frou a wall to an axis of symsetry.

Unfortunately, the model was assembled with nozzles of a smaller area than was

used for the 25x50 ul 2 duct test• in Table 1A. This meant that it was not

possible to use the same Jet conditions to match equivalence ratios for the 2

tests. It was chosen to keep the same injection parameters and to reduce the
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equilvalence ratio to nominally O.S. The results of the two configurations are

therefore not directly comparable, but useful date yes nevertheless obtained.

The runs performed in this conflguretlon are tabulated in Table IC. The results

are sumaerlzed in Figure 13, plotted in the form of pressure difference between

injection into air and injection Into nitrogen. The smaller duct, with each

injection cell enclosed by four wells WaS seen to give a lower pressure rise

dovrustreaa in the duct than the larger t3,o cell configuration. However, the

difference in the pressure rises i8 roughly in proportion to the equivalence

ratios, and it is tentatively concluded that the changing boundary condition did

not leave a major impact on the flow.

The model was then reconfigured with a single Jet as shown in Figure 5C, giving

a square aspect ratio in a 50x50 m 2 duct. The runs for this geometry were done

with the math 4 nozzle as tabulated in Table 1D. The equivalence ratio was set

at 0.5, and the total nozzle area was unchanged so that a direct comparison with

the results of Table 1C could be made.

The results of these tests are shown in Figure 16, in the fern of the pressure

differentials between inJectirq_ fuel lnto air and into nitrogen test Kaaes. The

shape of the surface pressure profiles is evidently different in the two cases,

but the overall pressure levels were similar. On the basis of this single

comparison, it would be premature to make any conclusions as to the relative

efficiencies of the _o aspects ratios.

The next series of tests were performed using the hypersonic M5 contoured nozzle

to evaluate the circular Jets in a hypersonic flow field. The model was

configured as in Figure &B, which had been found the most effective for the

supersonic flow. The runs performed in this mode are listed in Table 1E.

The results of these tests are shown in Figure 14. A substantial pressure rise

was measured when injecting fuel into air, indicating that circular wall Jets

may be an effective injection technique in a hypersonic duct. This is similar

to the results reported in reference 7, where with central injection it was

concluded that the compressive effects of the wall boundary layers were required
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to initiate combustion.

When the duct was subsequently enlarged to a 50x50 m z section combustion could

no longer be sustained. The dashed line in Figure 14 indicates the theoretical

fuel off pressure level in the absence of bound4ry layers, and the duct pressure

is seen to be much hi_her than this.

The circular Jet model was therefore set up as • 50x50 mmz duct to see if the

same affect reported in reference 7 would be observed. The confi_uration of

Figure 4C was used, and the runs are listed in Table 1F.

The results are shown in Figure 15, and ic is seen that no combustion was

evident.

4.0 CONCLUSIONS

The results show that 13 wall injection throush inclined circular Jets can be

effective in supersonic and hypersonic combustion chambers. Most of the tests

were performed with mixing cells having a width to height aspect ratio of 2:1.

Duct static pressure levels rose hiKher, and more rapidly when the transverse

length scale of the mixing cells was reduced.

Preliminat'y tests indicated chat the mixin s cell dimensions are the primary

parameters Boverning mixing and combustion, when the injection conditions were

maintained constant. ReplacinKwall boundary condition•with planes of symmetry

did not appear to have • major influence on performance in supersonic flow

alchouKhthis test was not rigorous, as injection parameters were changed at the

same time. This result, if confirmed, is significant in chat combustion chambers

could be designed with multiple internal cells, centered on wall Jots, based on

the results of scale Cestin s of • sinsle cell. A single comparison where the

mixin s cell aspect ratio was thanked to 1:1 did not show • significant

difference.

In hypersonic flow the wall Jets were found to produce combustion where It had

praviouslybeen observed with central injection. The range of conditions where
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comb_tLon van oustot_ble tn h)rpersonLc flov run or extended by tho_e of the

vail Jets.

The axLa_ pressure profiles vere found to be Sir&ely Lndependent of duct stltLc

teupereture, a_d this Ls not understood at present,
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TABLE 1, RUN MANIFEST

A. 50x25 m 2 Duct, Single Injector Diameter 7am,
I(ach & Nozzle

Configuration Fig. 4A,

Run Nuaber Hm(mJ/k8) 6 UJc,/,) MJ pjUjZ/pu = Mc

1380 6.1 0 2150 2.38 0.29 0.782

1381 6.1 1 2150 2.38 0.29 0.782

1382 6.1(N2) 2150 2.38 0.29 0.782

1385 6.1 0.8 20t SiH,/34 z mixture

1383 9.1 1 2072 2.2 0.32 0.97

1384 13.9 1 1990 2.04 0.31 1.25

B. 50x25 ..2 Duct,
Hach 4 Nozzle

4 Injectors Vlameter 3.45 mm, Configuration FIg. 4B,

Run Numbet Hs(mJ/kg) ÷ UJt./,) MJ pjU_Z/pu = Mc

1386 6.1 1 2150 2.38 0.29 0.782

1388 6.1(N2) - 2150 2.38 0.29 0.782

1389 13.9 1960 1.98 0.301 1.25

1391 13.9(N2) 1960 1.98 0.301 1.25

1392 13.9 0

1383 9.1 1 2072 2.2 0.32 0.97

1384 13.9 1 1990 2.04 0.31 1.25

C. 50x50 am= Duct, 2 Injectors Diameter 5 am, Configuration Fig. 4C,
l_ch 4 Nozzle

Run Number Hs(nJ/k 8) ÷ UJcm/,) MJ

1399 6.1 0.5 2210 2.53

1400 6.1(N2) - 2130 2.33

1401 6.1 0

pjU//pu 2 Mc

0.33 0.76

0.315 0.79

D. 50x50 m 2 Duct, 1 Injector Dlmmeter 7 mm.
Mach& Nozzle

Run Number Hs(mJ,/kg) _ UJ_I,)

1_03 6.1 0.5 2170

1400 6.1(N2) - 2170

1401 6.1 0

Confiluratlon Fig. 5C,

MJ p_U//pu 2

2.43 0.32

2.43 0.32

0.77

0.77
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D. $Ox50 m m Doct, I Injector Dimter 7 m, Confil_urmtion Fig. SC,
Nsch 4 Nozzlo

iunRumber Hs(uJ/kg) # UJ(w.) MJ pjUj2/pu z

1403 6.1 0.5 2170 2.43 0.32

1400 6.1(N2) - 2170 2.43 0.32

1401 6.1 0

E. 50x25 m z D_ct, 4 Injectors Dlaaeter 3.45 m, Configuration Fi B . 4B,
Hach 5 Nozzle

Run Number Hs(aJ/'k.g) # UJ(_.) MJ pjUj=/pu 2

1394 8.4 1 2290 2.74 0.265

1395 8.4(N2) 2290 2.74 0.265

1396 8.4 0

F. 5Ox50 umz Duct, 2 Injectors Diameter 5 m, Configuration Fig. 4C,
l_ach .5 Nozzle

Run Number Hs(=J/kg) # UJ(.I.) HJ pjUja/pu:

1397 8.4 0.5 2290 2.74 0.265

1398 8.4(N2) 2290 2.74 0.265

1396 8.& 0

Mc

0.77

0.77

J(c

1.14

1.14

Mc

1.14

1.14

TABLE 2 TEST CONDITIONS

&. Nominal )bach 4 Nozzle

Flt&ht Speed Hs(_) P(kpe) T(k) U(./m ) p(k&/a a) M
l_/s

3.5 6.1 71 1200 3110 0.2

4.3 9.1 97 2025 3520 0.165

5.3 13.9 109 3075 4120 0.1168

p. v,S/./= 2

4.5 622

4.2 580

4.35 481

B. Nominal ILach 5 Nozzle

Flight Speed Hs(_/k4) P(klL:)a) T(k)

4.1 8.4 20.5 1160

U(.i,) e(kL/=_) 14 pu _/s/s:

3700 .0609 5.54 225
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"DISSOCIATED TEST C£S, EFFECTS ON SCRAM,JET COi'_USTORS"

R.G. Morgan, Mechanical Engineering, The University of Queensland

ABSTRACT

The problem of the dissociated test gas produced by reflected shock

tunnels is addressed as it relates to heat release in supersonic

combustors. When hydrogen burns with dissociated oxygen atoms, the

heat of formation of the oxygen adds to the normal enthalpy of

combustion. It is proposed that thls effect be compensated for by
reducing the oxygen concentration of the test gas. A procedure for
doing this is presented based on a slmple heat balance approach. One

dimensional computations of premlxed reacting flow are used to support
the calculations. It is suggested that direct slmulatlon of the flow

in a combustor is achieved if the oxygen adjustment is made.

NOTATION

hf

h.
02

0

N2

NO

X

x.
P

u

P
T

M

H.

mass fraction of total oxygen in the fore of 0 atoms
.......... NO molecules

equivalence ratio
for @ < 1. - 1 for @ > 1

heat of combustion of H2 from 02 (90 MJ/kg 1t2)
heat of formation of 0 atoms from 02 (15.7 MJ/kg)

heat of formation of NO Molecules from N2 + 02 (2.93 NJ/kg)
heat release per of combustion products
mass fraction 02

mass fraction 0

mass fraction N2

mass fraction NO

mass fraction total 0 content

mass fraction total

static pressure

velocity

density

temperature
Mach No.

stagnation enthalpy

content In =Ideal = air
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II_rROI_CrlON

Wind tunnel facilities have traditionally had a dual role as a tool for

the investigation of Aerodynamics phenomena. Firstly they may be used

to study fundamental physical processes, using models which may not
necessarily relate directly to flight con/tguratlons. F_condly, they

may be used for the testtr_ of models where the results may be used
directly, with appropriate scaling laws, to indicate the performance of

flight hardware. Since the advent of high speed computers wind tunnels
have Increasingly been used for the valtdlflcatlon of computer codes

rather than for direct simulation. This application may be said to
combine the two roles mentioned above, with the code being validated

using contrived models, but subsequently being applied to real flight

configurations.

In recent times some doubt has been expressed as to the value and

usefulness of the direct simulation role of high speed wind tunnels.

This particularly relates to hypersonic combustion where the

dissociated test gas produced by ground facilities leads to changes In
chemical kinetics and an Increase tn the effective enthalpy of
combustion. It Is the contention of this paper that these problems can

be adequately addressed, and that direct simulation is still necessary

given the current status of numerical and analytical understanding.

The test flow In a reflected shock tunnel Is created by means of a

steady expansion from the staBnatlon region In the shock tube. The gas
In the stagnation region Is approximately In a condition of equilibrium

composition due to the high density levels and the low velocity. At

the stagnation enthalptes corresponding to high flight speeds, the
stagnation temperatures are such that significant dissociation occurs

to the nitrogen and oxygen molecules. As the flow starts to travel

down the expansion nozzle, the temperature drops and the equilibrium
composition shifts towards a reduced dissociated content. However, due
to the high ]>article velocities and lower density In the nozzle,

reaction rates may In some circumstances be inadequate to maintain
equilibrium composition. The test gas at the nozzle exit will
therefore have a frozen content of dissociated radicals created in the

stagnation region. The higher the stagnation enthalpy, the higher will

be the concentration of dissociated gas.

The presence of the dissociated components may effect the flow in
several ways. Some of the stagnation enthalpy will be stored as the

atomlc heat of formation, and wlll not be converted directly to thermal

or kinetic energy. It Is important, when comparing the results of
shock tunnel tests with real flight, or with other tunnels which do
not produce dissociated air, to match the total enthalpy including

thermal, chemical and kinetic components. If the flow is subsequently
processed by a strong shock, then the Increased pressure and density

levels lead to rapid reaction rates and the establishment of near

equilibrium conditions, with the recovery of the heat of formation.
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When the flow. Is subsequently expanded around the body, It wlll be

insensitive to" the gas condition upstream of the shock. In these
circumstances very 11ttle difference wlll be observed between shock
tunnel tests and tests on an ideal wind tunnel producing undlssoclated

test gas.

For the purposes of aerodynamic testing, Mach number independence

applles for flows behind a strong shock, and matching of the total

enthalpy has been shown to glve good simulation of flight conditions.
However for shock tunnel testing of scramJets the sltuatlon Is slightly
different. The flow is never processed by a strong shock, and non

equilibrium gas composition persists throughout the duct.

The presence of free stream oxygen atoms may have a significant effect
on combustion and it has to be examined closely. There are three maln

mechanisms by which the free stream oxygen atoms may be seen to enhance
combustion, and influence comparisons made between shock tunnel

experiments and real flight.

(1) Combustion heat release. When combustion is from the atomic

oxygen form, the heat of formation is added to the combustion

heat release. This increases the net energy release from

approximately 90 MJ to 215 MJ per kg of hydrogen burned.
This is clearly a substantial increase, and relatively small

oxygen dissociation fractions may be significant.

(11) Ignltlon delay times. Forming of oxygen radicals Is a

necessary step in the combustion of hydrogen, and the pre
dissociated shock tunnel flow may be expected to react faster

than ordinary air.

(111) Hlxlng Effects. In some circumstances a scramJet may be

considered to be a pure diffusion flame, where reaction rates

are so fast that heat release Is mixing controlled. Oxygen
molecules have different diffusion rates than the atoms, and

the local chemical composition will effect the rate of heat
release. Furthermore, the macroscopic development of the

fuel alr mixing layer is dependent on the local flow

properties such as Reynolds number, this may also be
influenced by the dissociated oxygen content.

For a given static pressure, dissociated oxygen increases the partial

pressure of the oxygen components, effectively enhancing mixing and
combustion.



In this report only the flrst mechanism will be addressed, that of

predicting, and allowing for, the enhanced heat release due to the

chemical enthalpy of the dissociated oxygen. The shock tunnel oxygen
composition Is adjusted in such a way that the net heat release
ofcombustlon is conserved, when compared to tests in undlssoclated air.

In this way It is possible to produce pressure profiles which decouple
the effects of differing levels of free stream dissociation, and allow

a direct comparison between shock tunnel experiments and tests using
undissoclated air.

However, the heat release per unit mass of fuel is still higher,

despite the reduced free stream oxygen content, and this should be

taken into consideration when comparing specific Impulse measurements.

ANALYSIS

The comparison of wlnd tunnel tests wlth flight conditions generally

involves scaling of a number of flow parameters. When dealing wlth

high energy shock tunnels, an additional uncertainty arises due to the

difference in gas composition. The scope of this paper Is to address

the difference between a wind tunnel using dissociated oxygen and

nitrogen, and an idealised wind tunnel using air wlth normal

atmospheric composition. The more generalised problem of comparing an

idealised wind tunnel and free flight Is well understood, and Is not
considered here.

Analysis of the reacting nozzle floe using a non-equilibrium chemical

kinetics code, Ref. 1 indicates there are 4 significant species present
as far as hydrogen combustion is concerned, namely N2, 02, NO, O.

Combustion to water from the 3 oxygen bearing constituents proceeds
with heat release as indicated below

(i}
(ll)

(ili)

lIP-. + _ 02 ," 1'{20 + 120.6 MJ/kg H2

B2 ÷ O= H20 + 246 MJ/kg H2
H2 + NO=H20 + _ N2 * 164.6 M,J/kg H2

Note These equations are not intended to represent reaction
schemes, but are used to calculate energy release between end products.

Combustion of undlssoclated alr Involves only reaction from oxygen

molecules, and may be seen to glve significantly less heat release than

the two other maln combustion paths. The approach of thls paper Is to

apply a correction to the free stream oxygen concentration in order to

match the beat release. In other words the shock tunnel tests would be

performed with a reduced oxygen concentration Intended to reproduce the

results of combustion In atmospheric alr with the same flow properties.

The primary measured experimental parameter in scramJet testing Is duct

static pressure level, and corrections made to the oxygen levels would

be calculated to produce identical pressure/dlstance profiles In the

two test facilities. To match this exactly a numerical simulation Is

required which fully evaluates the changes In combustion species
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composition produced by changing the free stream oxygen level.
However. the approach of this paper Is to do a first order correction

based on the heat release of the three reaction mechanisms Identified
above. NumeriCal simulation Is then performed to assess the validity

of this approach. A series of experiments is envisaged for 1990 to
evaluate the concept. The analysis of this preliminary paper Is based

on 1D premlxed fuel/air flow.

The heat release of 120.6 mJ/kg for reaction (I), combustion from

oxygen molecules, Is based on combustion to water alone. The

equilibrium composition of a hydrogen flame contains dissociated

radicals, a_d the full heat release Is not achieved. A heat release of

90 mJ/k8 K2 Is more representative of that developed in a real

combustion chamber, and this value Is used here.

For a kilogram of test gas the number of moles of each species will be

as follows:

Xct

16
of atomic oxygen

X_n of NO
16

X__ (l_.___n) of molecular oxygen
32

{ { "}}'1 - X 1 + _n'_ _'_

{xoThis w111 require _-_ + 16

hydrogen to establish the equivalence ratio @.

of molecular nltrogen

moles of molecular
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The idealised reaction scheme for the 4 component air mixture is

therefore as given below:

X-'_ [0] + Xu'° [NO] + X { I 14/) 116 16 32 (l-a-°_n) [02]+ 1-X I+GLn _-_ _ [N2]

xa x[1-_-_} + _ I ¢ [H2I+ 2-6 + 1_ 16

I

16 T'6 (l-_-an) [lt20]+_ @'[N2]+ 1-X 1 +

1 T T T

1
[N2]

from 0 from NO from 02 from NO

{add hf) [add h n) (hc)

original free H2

X¢ . [o]+X(¢_@.)(1___¢_}(1_@-)[02]+1_6(1-#*)[N0]+_-_(1- @ ) [H2]

l l

residual 02 residual NO

+ heat release ]-_ 2 hc + Xa hr

T T

heat release from heat release

converting

H2, 02 d H20 0 _ 02

T l

residual 0 residual N2

30_.

1

heat release

converting

NO _ N2, 02

where [ ] denotes a mol of a species.

The function #" is used to allow for equivalence ratios other than 1

where there is either unburned fuel of oxidant.

For
¢< 1 , _*=@

,ii'>1 , +'- 1

The coefficients on the RHS of Eq. (4} may evidently be simplified

slightly, b_t they are presented here in full in order to clearly

illustrate the orlgln of the end products. For equivalence ratios of
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less than I It Is assumed that the 0, 02 and NO are consumed In equal
proportions.

°o

Lowering the oxygen mass fraction reduces the heat release, as may be

seen from Inspection of Eq. 4. However, the question arises as to the
flow parameter against which the heat release should be conserved when

comparing different test facilities. With respect to the fuel content,

energy release is a function only of • and _n, and cannot be matched by
changing the total oxygen mass fraction. Comparisons of measured

specific Impulse therefore will still have to be adjusted to correct.
For the effective change in fuel calorific value even if oxygen

depleted test gas Is used.

Ideally the heat added due to combustion at a given equivalence ratio
should release the same amount of heat when normallsed by the

stagnation enthalpy. When comparing results at a given stagnation

enthalpy, this is equivalent to matching heat release per unit mass of
air flow. However, reduclng the oxygen content changes the composition

of the combustlon products, and therefore conserving heat release on a

unit mass basis will lead to different pressure rises in the two cases.

For the purposes of this study It was chosen to conserve heat release

per unit mol of combustion product. To a first order thls should lead
to the same pressure rise, and should create the same wave pattern and
flow field for the R cases. This is considered to be of fundamental

Importance for scramJet ducts, which can only be analysed correctly in
the llght of a full wave capturing treatment, Ref. 8.

The heat release per mol of combustion products is given by

hA I

,. ho{,. • ls  lho
(2 e-e" - =_* - 4__. ÷ eL) .4. 8

28 28X

(5)

From thls the modified oxygen mass fraction for the shock tube test gas
may be computed to be:

X=32

28 {B(A + _--_.1 - A-a(1-¢*)}

[6)

Where A = 2._p-_" - 4/28 and B = I + _:_ + 15_ h,,
h¢ h_

Note that this mass fraction includes the total oxygen content in all
Its forms. It is sensitive to 0 and NO concentrations, which are



functions of flow enthalpy, and also equivalence ratlo. The test gas
mixture must therefore be speclflcally targeted to precise test

conditions, wb.lch will require careful plannlng for any experimental

program.

It Is not possible to conserve all the flow parameters when comparing
the 'real' and 'Ideal' facllltles. For instance, the molecular weights

of the two test gases will be different, and therefore If flow velocity

and temperature are matched then the Hach number wlll have to be

different.

The approach of this paper is to identify certain 'primary flow

parameters' which It is thought important to conserve, and small
discrepancies w111 be required in the other parameters In order to

achieve this.

The primary flow parameters are as listed below.

(1) Total Enthalpy This is an important parameter as it relates

directly to flight speed. Furthermore, it may be calculated with
reasoxmble accuracy from shock speed and pressure measurements.

Energy stored in heats of formation for shock tunnel flow means
that the balance between kinetic, thermal and chemlcal storage

must change.

(2) Pltot Pressure. This relates directly to the free stream for

scramJet flight path evaluation and hlgh altltude performance.

Can easily be measured or calculated In most situations.

(3) Static Temperature. This ls not normally conserved In

hypersonic aerodynamic testing. Hach number independence applies
behind strong shocks, and the free stream temperature is allowed
to rise so that the total enthalpy can be achieved at a lower Hach
number. However, when the combustion chamber alone is modelled,

the flow Hach number can be matched quite closely and real static

temperature levels can be used. Temperature is so important In
combustion processes that It Is preferred to conserve temperature

at the expense of static pressure.

The total enthalpy restriction means that once a static temperature and

gas composition have been selected, then the velocity is prescribed.

The pltot pressure restriction then determines the density, and hence
the static pressure level. Static temperature and pressure can both be

matched, but only at the expense of pltot pressure.

When analy_tng premtxed combustion processes which are meant to

represent the combustion of fuel and air Jets which were initially
separated, It would seem appropriate to calculate an equivalent

premlxed flow conserving energy, momentum and mass fluxes. However, It
has been found In the past, that better agreement with experiment Is

obtained by using the flow properties of the air, rather than the

mixture In the ID analysis. This maybe because in a reacting/mixing

process combustion Is expected to start in a region with a local
equivalence ratio of ~ 0.2, and the flow properties here would be
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closer to the free stream values.

In this analysis the flow properties were calculated using the air
fluxes only, and the hydrogen was added as a diluent at the calculated

temperature and pressure. At this stage It is not Important, as the

comparison Is between analytical and numerical procedures, but It will
have to be looked at more closely when experimental comparisons are
made.

The effect of the changes in oxygen level were assessed using a 1D
chemical kinetics code, Ref. 3, and a 28 reaction hydrogen combustion
scheme outlined In table 4. The flow was constrained to follow a

constant area duct configuration. The computations were allowed to
progress until steady pressure levels Indicated that equilibrium

composition was being approached.

Results

Representative shock tunnel test conditions were chosen at two

enthalples for the evaluation, having total dissociated oxygen mass

fractions {including 0 and NO} of 0.35 and 0.63. The flow properties

and gas composition are presented In table I and were calculated

according to the procedure outlined In Ref. 2. These are established

operating conditions using air, and were obtained using a contoured
nozzle wlth an area ratio of 109.

When modified conditions were postulated with reduced oxygen content

the values of Q and _ were assumed to remain constant for ease of
computation. To use this analysis in conjunction with experiments the
flow conditions would have to be recalculated using experimental data

from the new test gas.

At the 2 enthalples the analysls was performed for equivalence ratios

of 0.5, 1 and 2 both for the shock tube and for ideal gas flows.

The modified flow conditions were calculated as described in the

previous section, and are displayed In tables 2 and 3. Hydrogen was

then added to the air flow to give the target equivalence ratio,
maintaining free stream pressure, temperature and velocity.

The predicted pressure-distance profiles are shown In Figs. 1 to 3 for
the 13 mJ/kg condition. The results show that the shock tunnel with

reduced oxygen concentration gives very good agreement with the ideal
tunnel, except for the # = 0.5 case.

Inspection of the species concentration axial profiles Indicated that
the oxygen atoms were belng preferentially consumed In favour of the

molecules for equivalence ratios of less than 1. The oxygen adjustment
had been calculated assuming that the 0, 02 and NO would be consumed In

equal proportions when the hydrogen content was not enough for full
combustion. This leads to underestimation of the heat release and

overestimation of the number of mols of coabustion products. The latter

arises because although the same amount of water is produced, Rore mols

of 0 are required to produce it than would be needed for combustion
from the 02 molecules. The net result Is overpredlctlon of the
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The heat release was then recomputed assumlng the 0 and NO burn,

preferentially to the 02 molecules. The results of this analysis is
sho_ as the .diagonal crosses in Fig. 1, and is in reasonably good

agreement with'the ideal flow predictions.

The results for the 18.6 mJ/kg enthalpy case are presented in Flg. 4-6.

For the @ = 0.5 case, Fig. 4, the oxygen content was calculated

assuming combustion was only from the monatomlc 0 form because the a
value was bigger than 0.5. The results are shown to give reasonable

agreement wlth the Ideal case, but it Is not as close as for the lover

enthalpy.

One reason for this is possibly the lower _ressure levels required in
the ideal flow in order to conserve the pu product. The temperature
levels at this enthalpy are very high, - 3000 K after combustion, and
heat release wlll be reduced due to dissociation of combustion

products. Equilibrium composition Is highly sensltlve to statlc

pressure level, and to check this the Ideal gas computations were

repeated wlth the pressure levels matched to the correspondln8 shock
tunnel cases. The results of this are shown as the diagonal crosses In

Figs. 4-6, and they do show a reduction in the discrepancy between
modified shock tunnel and Ideal flow profiles. Thls correction is

2
achieved at the sacrifice of the pu parameter by about 15Z.

At an equivalence ratio of I, Fig. 5, there is significant disagreement

between the 2 flows, as shown by the open and closed squares.

Stolchlometrlc mixtures produce the hottest combustion temperatures,

and are the most subject to dissociation. The effects of dissociation

have been included in the analytical treatment by using a reduced value

for the heat of combustion from molecular oxygen, h©. For most of the

cases considered this has proven to give a good first order estimate of

the eventual heat release. It would appear, however, that at the

hottest case considered @ = 1, HI = 18.6 mJ/kg, the assumption is

beginning to break down. The effective value of h c is being reduced,
and with the heats of formation remaining constant the effect of the

dissociated oxygen content becomes more significant. Intuitively, and
by inspection of F.q. 6, it can be seen that the oxygen levels must be

reduced even further at the conditions of highest heat release in order
to match the ideal flow. At this point, the analysis has passed beyond

the scope of a simple heat balance calculation and a trial and error

approach must be made, using the 1D reaction code, to find the level of

free stream oxygen concentration which produces the required result.
The calculated gas composition would be used when experiments were
required for that condition.

PROPOSALS FOR_VORK

This paper Justifies the use of a heat balance approach for tailoring
the oxygen concentration of the test gas to match the combustion heat
release achieved in different test facilities. Premlxed one

dimensional flow is assumed, and preliminary experiments should
preferably approximate this condition as closely as possible.

Shock induced ignition rigs, as used in Refs. 4 and 5 come close to

achieving this. The fuel is injected into a hypersonic flow at a low

pressure where it can mix, but cannot burn. Ignition is subsequently
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initiated by the passage of an oblique shock through the partially

premlxed layer. Experiments using the same apparatus, and adjusting
the oxygen level should give some indication as to the validity of the

concept.

As mentioned in the introduction, the heat release parameter Is only

one way In vhlch the oxygen composition Influences combustion. A more
complete 2 dimensional approach Is required to fully analyse the mixing

and combustion processes. It Is intended that this will be done

firstly by means of an existing code, Ref. 6. Thls wlll be followed by
a series of experiments to see if the macroscopic features of the

supersonic flow are unduly influenced by the changes. That Is, It Is

Important that the same basic flow pattern is being produced In both
cases.

Conclusive proof of the validity of the technique can only come through

comparison of the same experiment in different facilities. The
expansion tube at GASL, Ref. 7, and the reflected shock tunnel T4 of

The University of Queensland, Ref. 2 provide the potential for doing

this. The expansion tube can produce the same enthalpy as the shock
tunnel, but wlth a lower level of free stream dissociation. Parallel

experiments are planned for the 2 facilities in 1990 to confirm that

the same pressure/distance profiles can be produced in both cases.

CONCLUSIONS

Based on a 1 dimensional analysis It Is shown that the effects of free
stream dissociation in shock tunnels can be accounted for In scramJet

combustors. A simple heat balance approach gives adequate correction
for most of the conditions considered. At the highest enthalpy

examined, and at an equivalence ratio of 1, the heat balance approach
was found to be Inadequate, and a numerical analysis would be needed to
match pressure profiles. Pressure rise downstream In the duct was used
as the criteria to evaluate the effectiveness of the corrections, which

consist of making adjustments to the oxygen content of the test gas.
The effect of changing oxygen concentration on ignition and reaction

delays, mixing and other flow properties was not considered.
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TABLE 1 Reoresentatlve Shock Tunnel Test

..

Flow Parameters Flieht Speed 5.1 Ka/s

13

T (K) 1874

pu2 (![4_) 823

p (r4_) 23.2

p (l_/m 3 ) O. 0412

u (m/s) 4467

H 5.25

Conditions for Air.

Fllaht SPeed _.1 r.m/s

18.6

2520

847

24.3

0.03026

5237

5.18

G_s _nposltlqn (smss fractions]

a 0.203 0.532

0.145 0.0988

a + _I 0.348 0.63

02 0.145 0.08192

0 0.0451 0.1183

N2 0.7493 0.758

NO 0.0603 0.412



T_ 2 FI_ Conditions Before Mlxir_.

_xi,.,,_Y FLOWP.U_-re:e3: K,, = 13 xJ/r.s; p_ - 823 Kpa. T - 1874 K

SHOCK _ FLOW

Unmodl f led Air Reduced

=0.5

0

Na

NO

P (Kpa)

u (w's)

p (i_/m :3)

M

b=l x

Oa

0

Na

140

P (KS>a)

u (m/s)

p (r_/n 3)

M

#z2 x

Oa

0

Na

NO

P (Kpa)

u (m/s)

p (r4Vm3)

H

x 0.2223

0 a 0.145

0.0451

0.7493

0.0603

Oxygen

0.1636

0.1067

0.0332

0.8157

0.0444

Preferentlal
'0' burn

0.128

0.0835

0.026

0.8558

0.0347

0.2223

0.2223

0

0.7777

0

23.2

4467

0.0412

5.25

O. 222.3

O. 145

O. 0451

O. 7493

O. 0603

23.2

4467

0.041,12

5.25

O. 2223

O. 145

O. 0451

O. 7493

O. 0603

23.2

4467

O. 0412

5.25

22.7

4514

O.04041

5.26

0.1573

0.1027

0.0319

0.8227

0.0427

22.6

4519

0.04032

5.26

0.1434

0.0935

0.02909

O.8385

O.0389

22.6

4519

0.04032

5.26

22.3

4548

O.03982

5.3

20.5

4662

0.03789

5.55

O. 2223

O. 2223

0

O.7777

0

20.5

4662

O.03789

5.55

O.2223

O.2223

0

0.7777

0

20.5

4662

O.03789

5.55
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TABLE: :_ Flov Conditions Before Mlxlrke

_IHARY FLOW PARAS: He = 18.6 KJAI_4K; pu _ = 847 Rpa, T - 2520 [

5_40(_ _ FI.0W

OnmodXf 1_! Alr

b=O. 5 X

0

Nz

140

Ib=l

P (Kpa)

u [:_'s )

p (r_/m a )

H

X

O2
0

N2

140

Reduced Oxygen

P (r pa)

u (wrs)

p 3 )
N

Preferential
'0' burn

P

O. 2223

O. 08192

O. 1183

O. 758

O. 0412

O. 1238

O. 0456

O. 0659

O. 8655

O. 02296

O. 0911

O. 03358

O. 0485

0.901

O. 0169

O. 2223

0.2223

0

O. 7777

0

X

O2
0

Na

NO

P ( r_oa )

u (w's)

(r ,l 3 )
M

24.3

5237

O. 03026

5.18

O. 2223

O. 08192

O. 1183

O. 758

O. 0412

24.3

5237

O. 03026

5.18

O. 2223

O. 08192

O. 1183

O. 758

O. 0412

24.3

5237

O. 03026

5.18

23.6

5284

O. 03O32

5.22

0.1155

0.0426

0.0615]

0.8745

0.0214
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5298

0.03016

5.24

O. 0996

O. 03672
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O. 8918

O. 0185

23.1

5324

O. 02987

5.28

22.9

5339

0.0297

5.31

20.4

5489

O.0281

5.66

0.2223

0.2223

0

0.7777

0

20.4

5489

O. 02819

5.66

0.2223

0.2223

0

0.7777

0

20.4

5489

0.02819

5.66
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OH I NO I HN02 M 8.0E15 0.0
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1 OH 1 HFI2 1 02 1 H20 3.0E13 0.0
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AR=.O,
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5.?-5
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O. 7493
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O. 0451

O. 7493
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4467
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0.0444

7.2.7
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0.04041
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f

O. 0319
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O. 0427

22.6
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0.04032

S._6
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O. 2223

0
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0
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0
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0
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0

0.7777

0
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0.0426
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0
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O.2223
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0
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0
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5.66

59



THE USE OF $ILANE AS A FUEL ADDITIVE FOR HYPERSONIC THRUST PRODUCTION

R.G. Morgan, Department of Mechanical Engineering,

The University of Queensland

ABSTRACT.

ScramJet propulsive ducts operate by converting some of the flight free

stream kinetic energy to heat in order to initiate combustion. As the

flight speed increases, the available kinetic energy which can be used

for heating also increases. However, the required temperature range for

efficient combustion does not change much with flight speed.

Temperatures are limited at the lower end by ignition and reaction

characteristics, and at the upper end by combustion product

dissociation. It is reallstlc to expect combustion chamber intake

temperatures to be within the range of 800 to 1800 K throughout the

whole flight envelope. This means that at the higher flight Mach

numbers, the combustion chamber Idach number must be in the hypersonic

regime in order to avoid overheating the flow. The static pressure

levels associated with the hypersonic flow will be low, and this will

adversely effect combustion and heat release characteristics. This

paper reports on the use of silane as an additive to enhance combustion

in shock tunnel tests of a hypersonic scramJet. Silane, which is

spontaneously combustible at room temperature, was mixed with hydrogen

at 20Z by volume. The mixture has been used before in a constant area

duct configuration, and for this work a 2 dimensional nozzle was added

to produce thrust.

The silane was found to produce vigorous combustion, and significant

thrust, but when specific impulse was calculated, on a per unit mass

flow rate basis, it did not perform better than pure hydrogen over the

same enthalpy range but at a higher static pressure. This is attributed

to the high molecular weight of the silane molecules, and the associated

high mass flow rate of fuel required to burn the oxygen. At the static

pressure levels for which the tests were performed, pure hydrogen did

not burn at all within the confines of the duct. In conclusion, the

silane was useful for performing hypersonic combustion studies under

test conditions where hydrogen combustion was not possible.

Addltlonally, the tests Indlcate that combustion can be enhanced, but

that the specific impulse wlll not exceed that of hydrogen In reglons

where the hydrogen itself can be made to burn well.
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1. INTRODUCTION.

Experiments In'hypersonlc combustion of hydrogen have been performed In

The Unlverslty of Queensland shock tunnel, T4 _I) Whilst the results

indicate that some mixing and combustion does occur, TM, the performance

when a thrust nozzle Is attached does not approach that achieved in a

supersonic duct In the shock tunnel T3, TM, at the Australian National

Unlverslty. The reason for this is not fully understood at present.

The hypersonic flow is created at the expense of free stream statlc

pressure, and pressure scaling tests in a supersonic duct in T3 (4} have

shown combustion to be very pressure sensitive.

The supersonic duct typically operates at static pressure levels

~ 150 kpa, but when the pressure level is reduced below 50 kpa

combustion is inhibited. The hypersonic duct has an intake pressure

level of ~ 20 kpa, and if a direct comparison with the supersonic tests

applles, it might be expected to be adversely effected by the low

pressures.

There is some evidence to suggest that low static pressure levels are

the primary cause of the poor combustion. When the scramJet was

configured as a 51 x 25 mm section constant area duct, boundary layer

growth on the internal walls caused significant pressure rise, (2) and

Fig. 1. When hydrogen was injected at this condition it burned fairly

readily, Fig. 2. However, the boundary layer compressive effects would

have reduced the free stream Mach number to ~ 4.5, and it could not

truly be called hypersonic combustion.
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Whenthe duct sectlon was increased to 50 x 51 u the compressive effect

of the boundary lawyer was reduced, the Fuel Off pressure levels were

lower and the flame was extinguished, Flg. 3. When the pressure levels

In the square duct were subsequently Increased by means of a compression

wedge, Flg. 4, combustion effects were again evident in the duct.

Flg. 5.

Both the compression wedge, and compression waves off the developing

boundary layer, increase the static temperature as well as static

pressure levels. However the static temperature levels may be held

constant by adjusting the stagnation enthalpy. Thls leaves only Mach

number and static pressure level as the parameters which are different

between conditions where combustion does, and does not occur.

The pressure may influence combustion through It's effect on density, In

two ways. Firstly, reaction rates wlll be enhanced, to a degree

depending on the order of the reaction mechanisms Involved, due to

Increased colllslon rates. In a flame where mixing Is expected to occur

rapidly, thls w111 be the major heat release controlllng factor at a

given free stream static temperature.

Secondly, the increased Reynolds number may increase the rate of

entralnment between the fuel and alr layers, which, if reaction rates

are fast w111 increase the overall rate of heat release. The T3

supersonic duct tests were performed in the free stream unit Reynolds

number range of 1 to 2 107 m-I, whilst the T4 hypersonic runs were in
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the range 0.5 to ! *I0 v m"I. This in Itself may be enough to explain

the increased combustion in the supersonic flow. This effect could be

partially checked by raising the pressure levels of the T4 tunnel, and

this will be done when the facility is capable of doing so. However,

any change would be coupled with increased reaction rates and may be

hard to interpret.

The hypersonic conditions where combustion occurs have, as well as

higher static pressure levels, lower Mach numbers than for test cases

where no combustion is observed. The effect of Mach number on the rate

of development of a mixing layer Is not fully understood, ca), however it

may be a significant factor.

The purpose of these experiments was to partially decouple the effects

of chemical kinetics by the use of a combustion enhancing additive In

the fuel. Sllane at 20_ by volume was mixed with hydrogen and injected

at equivalence ratios of up to 1, based on the consumption of all fuel

and oxygen components. The resultlng pressure traces indicated

substantial combustion and heat release. However, this cannot be solely

attributed to Increased reaction rates, as the silane mixture has a

molecular weight of 8, and has to be injected at 2.5 times the mass flow

rate of hydrogen for the same equivalence ratio. This leads to a slower

Jet, with a large momentum deficit which may enhance the mixing.

When a nozzle was added to the combustion chamber, significant thrust

was measured for the fuel on condition. The thrust levels when

normalised against reservoir stagnation pressure were constant over the

63



usable test time of the shock tunnel, Indicating that steady flow and

combustion had been achieved by the use of the stlane additive. This

enabled thrust and specific impulse measurements to be made in a

hypersonic flow where current T4 pressure limitations preclude

combustion of hydrogen.

2. EXPERI_rrs.

The Inltlal experiments were performed In a constant area duct

configuration to confirm that significant combustion could be achieved,

and to determine at what axial location the thrust nozzle should start.

A sample set of Fuel On and Fuel off pressure profiles are shown In

Fig. 6 for a nominal stagnation enthalpy of 6.8 MJ/kg.

In the light of these results the scramJet was re-conflgured for thrust

production as shown in Fig. 7. The thrust surface diverged at an angle

of 15° from the Incoming flow, and started at a distance of 225 mm

downstream of Injection. Injection was from a two dimensional central

injector with a throat of 1.6 me height. The injector spanned the full

width of the duct. Fuel mass flow rate was controlled by adjusting the

stagnation pressure of the fuel reservoir, which was maintained at room

temperature. Changes in equivalence ratio therefore were coupled to

changes in fuel Mach number, velocity and temperature, which had an

unknown effect on the rate of fuel alr mixing.

The thrust surface on the duct was instrumented with quartz transient

pressure transducers, and thrust was calculated assuming 2-dimensional

flow with linear Interpolation between data points.
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3. RESULTS.

Shock tunnels are inherently unsteady facilities, and care must be taken

when trying to draw conclusions based on steady combustion assumptions

from transient data. The first step when analysing shock tunnel data

must be to confirm that steady flow has been established. As the

stagnation pressure decays during the test time of the tunnel, steady

Mach number will only be maintained if the pressure ratio across the

nozzle attached to the shock tube is constant.

In Fig. 8 the static pressure/tlme history is shown for a typical fuel

on shot for a transducer on the thrust surface. It should be noted that

for the duration of the steady flow period, although the stagnation

pressure changes by ± 15Z, the normalized static pressure level stays

sensibly constant. Similarly, the integrated thrust when normalised in

the same manner is nearly constant, indicating that the macroscopic flow

field is steady.

If therefore the nozzle exit conditions are calculated on the assumption

of a steady expansion from the stagnation region, then the scramJet

tests are conducted in an intake flow field with the following

approximate variation in properties from the nomlnal conditions:

Flow duration 1 ms

Stagnation pressure variation e 15z

Stagnation enthalpy variation e 4Z

Static pressure variation

Static temperature variation

Mach number

Velocity variation

Density variation

Momentum flux variation

Equivalence ratio variation

Reynolds number variation

± 15_

± 4Z

constant

± 2_

± 10Z

± 15Z

± 13Z

± lOZ
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[These quantities estimated at a stagnation enthalpy at 12.5 MJ/k S from

run 874].

To assess the significance of this unsteadiness on thrust production, it

is necessary to estimate the decay of momentum within the control volume

during the test period. The total momentum stored within the control

volume is 0.135 kg. ms-I for the 12.5 MJ/kg case, and the decay rate

during the I ms of test time therefore represents a force of ~ 35 N.

It can be seen from the thrust balance illustrated schematically in

Fig. II for a 2-dlmenslonal duct of unit width that this momentum decay

will detract directly from the measured thrust on the thrust surface.

Moreover, this value of 35 N is a significant fraction of the fuel on

steady thrust levels of ~ 50 N.

However, when comparing Fuel On and Fuel Off thrust levels it is

estimated that the difference between the two due to unsteady momentum

effects reduces to a second order error. This is because, due to the

lack of upstream influence in supersonic flow, the intake time history

of pressure and momentum flux is the same for both Fuel On and Fuel Off

cases. The new thrust and specific impulse calculated by subtracting

Fuel Off from Fuel On values will therefore be primarily due to the

presence of the fuel Jet as governed by steady flow and steady

combustion effects.

Also, the internal momentum decay can be considered to detract directly

from the thrust as indicated in Fig. II only when comparing steady and
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unsteady flows with the same incoming and outgoing momentum flux and

pressure Integrals. In practice with the onset of unsteady flow the

momentum decay term will be partially met by changes to the incoming and

outgoing integrals. Take for example the case of a constant area duct

In unsteady flow. No thrust Is produced, and a rise In downstream

pressure balances the Domentum decay. The more the nozzle departs from

a constant area duct, the more sensitive the thrust production will be

to unsteady effects.

In Fig. 9 scatter bars are shown Illustrating how the normalised

pressure/distance profiles change over the nominal test period. The

steadiness of the profiles indicates that the macroscopic features of

the flow, such as wave propagation and thrust production are constant.

In Fig. 10 the normalised Integrated thrust/time profiles are shown for

Fuel On and Fuel Off conditions. The constant levels of the two traces

adds credibility to the assumption that the unsteady thrust decrement Is

the same for Fuel On and Fuel Off runs.

In Figs. 12-17 the pressure profiles are shown for 20_ sllane InJection

In the enthalpy range 4.46 to 17.1HJ/kg. For all of the conditions

tested except 4.46 HJ/kg strong combustion affects were observed In

terms of Increased pressure on the thrust surface. At the lower

enthalpy the static temperature was ~ 500 K which appears to be too low

for stlane combustion at this pressure level.

In Fig. 18 the effects of inJectlng hellum Into a flow at 6.81Hj/kg are

shown. It Is seen to produce negllglble pressure rlse over the Fuel Off



case. This suggests that the pressure rises observed when Injecting the

sllane mlxture.are due to combustion rather than the intrusive presence

of an inert Jet. The molecular weight of helium was 4, compared with 8

for the silane mixture, but when coupled with the evidence of the low

enthalpy, no pressure rise test, Fig. 12, it seems certain that the

silane mixture was burning at the high enthalples.

The measured net thrust wlth silane injection was high, but when the

specific Impulse was computed, Flg. 19, it did not compare favourably

with the hydrogen results from (2), shown in Flg. 20. This is

attributed to the high molecular weight and mass flow requirements of

the heavy sllane molecules. However, the pressure level of these tests

was lower than for (2) and hydrogen would not burn at all under these

conditions.

4. CONCLUSIONS.

The use of sllane additive at 20_ induced vigorous combustion at

conditions where hydrogen was not able to burn. This tends to suggest

that kinetics, rather than mixing are limiting heat release in the

hypersonic duct. However, this contradicts to some extent the findings

of (e) whose numerical study suggests that mixing will be the limiting

factor. A possible reason for enhanced mixing with sllane might be the

lower velocity, high density fuel Jet required for stoichiometrlc

combustion.

Alternatively, rapid vogorous combustion might induce turbulence which

enables the fuel to mix over a wlde spread region of the duct.
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An estimate of the extent of the mixing layer may be made by Inspection

of the fuel on pressure traces, such as Flg. 9 and Figs. 13-17. As

discussed In Ref. (9), thrust is transmitted to the thrust surface by

two separate mechanisms. These mechanisms are (I) direct propagation of

waves from the combustlon zone to the walls, and (2) the interaction of

the corner expansion fan wlth the Mach number gradients In the flow.

Waves from mechanism I are evident upstream of the thrust surface,

whilst the onset of mechanism 2 Is clearly shown from the pressure rise

downstream of the corner. By following waves back upstream from the

start of the thrust surface pressure rise, it is possible to locate

where the leading edge of the expansion fan flrst starts producing

compression waves. This identifies the point where perturbations first

occur In the free stream Mach number proflle, which may be taken to

represent the limits of the combustion zone.

The results of these calculations are shown In Fig. 21. The Mach number

before the expansion fan Is estimated by assumlng that the freestream

flow upstream of the corner Is compressed Isentroplcally from the

nominal intake condltlons to the locally measured statlc pressure. The

compression waves are assumed to propagate at the local Hach angle. Run

874, equivalence ratio of I at a stagnation enthalpy of 12.5 MJ/kg was

used for the calculatlons. The first compression waves are noticed

Incldent on the thrust surface at a distance of approximately 70 Im from

the corner.

The results of this treatment indicate that the combustion zone extends
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to within approxlmately 3.5 mm of the wall. Given that the wa1!

boundary layer'at the wetted length of ~ 400 mm will be of the order of

2 mm, this implies that the mixing layer has effectively propagated

across the whole duct. If this result can later be confirmed by optical

techniques, and by a more detailed wave analysis of the pressure

profiles, then the prospects for hypersonic combustion are good.

Sllane with vigorous combustion produces comparable performance to

hydrogen with partial combustion, as indicated by small pressure rises

associated with Injection. This suggests that complete combustion of

hydrogen, whether induced by increased pressure levels or though mixing

enhancement techniques, can potentially perform very well in a

hypersonic duct. Alternatively, the use of a lower concentration of

silane, as tested by cv) might be used to Improve specific impulse.

ScramJet performance in a hypersonic duct does not yet compare with that

of combustion in a supersonic duct at higher pressure levels. However,

it Is hoped that Increased pressure simulation capability will be able

to improve hypersonic performance.
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TABLE 1 RUN MANIFEST IN 15 0 THRUST MDDE

Stagnation

!Enthalpy {H_)

{MJlkg

4.46

4.46

6.81

6.81
6.81

6.81
6.81

8.5
8.5

8.5
8.5

10

10

10

10

12-5
12.5

12.5

17.1
17.1

17.1

Run

No.

875
883

Injection

Pressure
kPa

882
871

876
870

884

880

879

873

885

868

877

867

886

881

874

887

889

888
891

325 SIH 4 mix
Fuel Off

0

0

202 SIH 4 mix
393 StH 4 mix

380 H=

0

217 SsH 4 mix

373 SIH 4 mix

473 H e

0

209 SIH 4 mix

410 SIH 4 mix

382 H=

0

373 SIH 4 mix

366 H=

0

350 SIH 4 mix
399 He

Equivalence Ratio

O. 99

0

0

0

O. 66

1.28

0

O. 82

1.41

0

O. 88
1.73

0

1.77

0
2.1

(Injector calibration 6.6 1O'S Kg s-I k8 -t

TABLE 2 - NOMINAL TEST CONDITIONS

4.46

6.81

8.5

10
12.5

17.1

529
888

1120

1350

1570
1980

Static

pressure
kPa

7.54

9.72

9.8

10.1

10

8.98

density

KE/m 3

0.0493

0.0379

0.0303

O.O25

0.0205

0.014

Mach

No.

6.09

5.73

5.5

5.43

5.43

5.44

Velocity

m/s

2820
343O

3700

4000

4350

5OO0

Intake

Oxygen
mass flow

.0695

.065

.056

.05

.0446

.035
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LIST OF FICAIRES

. Fuel Off pressure profiles for 25 x 51 mm2 constant area duct,

H, = 8.4 MJ/kg.

. Hz Fuel On, Fuel Off and helium Injection comparisons for
25 x 51 mm2 constant area duct, Hs = 8.4 MJ/kg.

. Fuel On and Fuel Off pressure profiles for hydrogen injection in

49.5 x 51 mm2 constant area duct, H_ 8.39 MJ/kg.

4. Schematlc of square duct with 50 wedge.

. Hydrogen Fuel On and Fuel Off pressure profiles for 49.5 x 51 mmz

duct with 5° wedge. Hs = 8.4 MJ/kg.

6. Fuel Off and Fuel On profiles for SIH 4 20Z mixture in 49.5 x 51 mm2

constant area duct. }11 = 6.81MJ/kg.

7. Schematic of 49.5 x 51 mm z duct with 150 thrust surface.

. Pressure and thrust/time profiles for sllane mixture injection into

49.5 x 51 mm 2 duct with thrust surface. H, = 12.5 MJ/kg.

. Scatter bars for pressure profiles during steady flow period. SIH 4
mixture in 49.5 x 51 mm 2 duct with thrust surface.

H, = 12.5 MJ/kg.

10. Normalised thrust comparisons between Fuel Off and SIH 4 mixture
Fuel On for 49.5 x 51 am _ duct with thrust surface.

H, = 12.5 MJ/kg.

11. Thrust balance for unsteady flow.

12-17P/X profiles for fuel on (silane mixture} and Fuel Off conditions

in 49.5 x 51 amz duct with thrust ramp, enthalples as indicated
12.

13.

14.

15.

16.

17.

HI = 4.46 MJ/kg

H, = 6.81 MJ/kg
H, = 8.5 MJ/kg

Hs = I0 MJ/kg

H_ = 12.5 MJ/kg

F_ = 17.1 MJ/kg

18. Hs = 6.81MJ/kg, comparison of Fuel Off and helium injection.

19. Specific impulse/stagnatlon enthalpy. SsH 4 mixture, 49.5 x 51 mm 2

duct with thrust surface. Intake pressure = 10 kPa.

20. Specific impulse/stagnatlon enthalpy for hyrogen injection into

supersonic and hypersonic flow. 25 x 51 mm 2 duct with intake

pressure 20 kPa.

21. Compression wave tracking to find extent of mixing layer.
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PRESSURE-LI_GTH CORRELATIONS IN SUPERSONIC COMBUSTION

'. P.A. JACOBS & R.J. STALKER

An experlment I has been proposed for study of the pressure sensitivity

of supersonic hydrogen combustion in a constant-area combustor. The

specific aim of the experiment was to investigate the theoretlcal

pressure-length correlatlons 2 by conducting trials in three

geometrically similar models. The pressure in the models was to vary

over an order of magnitude but the pressure by model - length product

was to be held constant.

Here we report that the largest of the three models (and In some ways

the most difficult model) has been constructed and the initial flow

measurements have been made. The correlation p1.V I = const and the

length of the combustor (1.2m) determined the smallest pressure below

which we would not get combustion in the largest of the three models.

The duct pressure in these runs was ~ 29 kPa.

The overall flow configuration is shown in figure 1. The shock tunnel

is fitted with a nozzle that expands the gas to approximately M = B

(design area ratio = 670). The test gas is recompressed to M _ 3.4

through a pair of wedges (and their associated shocks) and is then

allowed to enter the model. The first 113 mm of the duct expands the

gas flow to M _ 4.4 and at the end of this expansion the hydrogen fuel

is injected from the rear of a centrally located strut. The hydrogen

is injected parallel with the air flow and forms a wake-llke mixing

region downstream of the injector. The estimated flow conditions at
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the injector exit plane are given In table 1.

The wall pressure, as a function of distance downstream of the

Injector, Is shown in figure 3 for hydrogen Injection Into alr,

hydrogen injection Into nitrogen and air flow without hydrogen

Injection. From the general trend of Increasln_ pressure when hydrogen

Is injected into the alr flow and constant pressure otherwise, It

appears that the hydrogen does burn at these conditions.

(H s = 9.1MJ/kg, Pduct = 29 kPa # = 0.76). Hence we have somethlng

Interesting to measure.

The next step is to try to match the CFD codes to these pressure data

and then use the codes to compute burning lengths and ignition lengths.

REFERENCES

I. R.G. Morgan et al 1987: "Shock tunnel studies of scramJet

phenomena", NASA Grant NAGW 674, Supplement 3.

, P.W. Huber, C.J. Schexnayder & C.R. McCllnton 1979: "Criteria for

self-lgnltlon of supersonic hydrogen-alr mixtures", NASA Technlcal

Paper 1457.
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TABLE I: Nomihal conditions in large scramJet.

Shock tube tube data taken from shot 1410.

diaphragm thickness = 5_

fill pressure = 150 kPa

fill temperature = 300K

Shock speed = 3.145 km/sec

steady reservoir pressure _ 60 HPa = P=

ESTC (conditions after expanding reservoir to 60 HPa}

stagnation enthalpy Hs _ 9.13 MJ/kg

temperature T= _ 5747 K

NENZF calculatlon of conditions at the end of the H=8 nozzle. (stop

expansion when Ppllot/P s _ 0.004 , assume Ppilot = 0.92 pu 2)

effective length of nozzle = 9.89 cm

M = 7.12 T = 1.36 u = 3962 ms -I

P = 0.01660 kg/m 3 Pstatlc = 3.795 kPa Tstatlc = 790 K

flow through shocks (15 ° wedges} and then an Isentroplc expansion

through the initial part of the duct (area ratio = 2.653} to the exit

plane of the injector.

}{duct _ 4.37

Pstatic _ 28.8 kPa

Tstatlc _ 1802 K

disassociation fraction

through shocks}

% =

(assuming the composition remains frozen

[0] + [NO]

[0] + [NO] = 2[02 ] = 0.207
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Table I _contl_ued_: Nominal conditions in large scramjet.

Mass flow of air

after shocks p = 0.1571 kg/m 3 , u = 3420 ms -I

intake size = 0.014 m x 0,100 m

ma|r = 0.7522 kg/sec

moz = 0.232 Malt = O. 1745 kg/sec

Mass flow of hydrogen

H2 manlfold pressure = 250 kPa {shot 1420)

Injector calibration constant = 6.60e-5 kg/sec /kPa

_H 2 = 0,0165 kg/sec

_H_ 16
Equivalence Ratio _ - - 0.756

_2 2
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HOT HYDROGEN INJECTION TECHNIQUE FOR SHOCK TUNNELS

by Michael Wendt

The effect of fuel temperature on combustlon In a supersonically and

hypersonically combustln8 ramjet is currently belr_ studied in the T4 shock

tunnel. It Is Intended to not only study the temperature effect, but the

correspondlng denslty distrlbutlon and velocity distribution effects as well.

A devlce is currently being manufactured to produce hot hydrogen for

injection Into the ramjet model. Many difficulties were encountered in

its development, including:

l) The ramjet model instrumentation calibration was very temperature

sensitive and hence heat sources had to be kept well away from the test area.

ii) To minimize losses only a short length of piping was allowable between

the heat source and injector nozzle.

ill) Many standard components had difficulty withstanding the required

stagnation temperature ( 1200 K ) at the injection pressure,

iv) Only a small amount of fuel was to be used to minimize the build

up of unburnt hydrogen inside the Dump Tank. This corresponded to a

maximum supply time of 20 - 40 milliseconds.

After evaluating a number of solutions It was decided to use a Gun Tunnel.

The gas is heated by a combination of free piston compression and entropy

rlse through shock waves. It has the advantages of:

i) The hydrogen is only hot for a very short duration (< 30 msecs) and

hence the temperature of the vessel walls is only raised slightly.

li) The danger of having hot fuel in a vessel for an extended

period of time is reduced.

li} No heat is transferred to the ramjet model.

Ill) Dry hydrogen Is produced.
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The layout of the gun tunnel is shown in the diagram over leaf. It

consists of two tubes separated by a burstlnE diaphragm. The hlgh pressure
..

reservoir contains nitrogen and provides the driving pressure for the

piston. The compression tube initially contains hydrogen at low

pressure. A light nylon piston initially sits in the compression tube Just

in front of the primary diaphragm. The diaphragm is mechanically burst

allowing the high pressure nitrogen to expand and drive the piston down the

compression tube. The light piston is fast enough to cause shock waves ahead

of it in the hydrogen gas giving an entropy increase (the entropy rlSe iS

small, however, due to the high speed of sound in H2). The pressure in

front of the piston increases causing the piston to decelerate near the high

pressure end. The pressure increase also bursts the secondary diaphragm.

The piston fluctuation dampens rapidly as pressure on both sides of the

piston approach equality. Steady Injection occurs wlth a near constant

pressure on the rear of the piston.

The tunnel design has the followlnE notable features:

I) The tunnel is positioned within the Dump Tank of T4 to Increase the

safety in event of explosion and to minimize the length of tubln E between

the hot hydrogen reservoir and ramjet model injector.

ll) The entire assembly Is free to reciprocate linearly to allow the

dynamics of the device to lower the stress induced In Its structure.

ill) Burstln E diaphragms are used to provide simple, low

maintenance, reliable flow control capable of contalnlng the high

temperatures and pressures.

Construction of the tunnel Is due to be completed In early 1990 wlth the first

ramjet experiments due In the middle of the year.
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HEAT RELEASE - WAVE INTERACTION PHENOMENA

IN HYPERSONIC FLOWS

AN OPTICAL STUDY

Annual Report, February 1990

by N.R.Ward

INTRODUCTION

The study of combustion waves in a scramjet duct is

made very difficult due to the imperfect nature of the

injection and mixing of fuel into the flow and the inherent

disturbance to the flow which this causes to produce the

desired heat release. This can be avoided by bringing about

this heat release in another way. The flow produced by a

free piston shock tunnel using a nitrogen test gas is highly

dissociated but basically 'frozen" in this state due to it

having been expanded to a temperature too low for a

significant rate of recombination. When, however, it has its

temperature and pressure raised passing through the system

of shocks at the entry to the scramjet duct recombination

progresses rapidly to bring the flow to its equilibrium

level of dissociation. This recombination results in heat

release, simulating quite closely the heat release during

combustion. Thus by studying the waves generated in this way

in a scramjet model in nitrogen flow in the T4 shock tunnel

it is hoped that much can be learned about 'ideal'

combustion and the combustion waves it generates.

It was decided to study these waves using optical

techniques in order to keep disturbance of the flow to a

minimum and collect as much information at each shot of the

shock tunnel as possible. The optical system decided upon

was the Differential or Schlieren Interferometer.

Since the analysis of these flows was to be done using

optical methods development of a short exposure shutter and
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associated triggering system was, in 1988, carried out.

Combined with a polaroid camera this was used to take

photographs of test flow over models. Some of the

information gathered was then used to check experlmental T4

test conditions against those computatlonally predicted,

showing good agreement. A computer program was then

developed to predict post-shock recombination profiles for

different experimental conditions, allowing for detailed

design of test conditions and model shapes for future tests

in the T4 shock tunnel.

REPORT

In preparation for experiments in the T4 shock tunnel

it was neccessary to design and build a model of an

open-sided scramjet duct in which generated 'combustion'

waves could be studied freely using optical methods. It was

decided to begin with a simple model consisting of a pair of

wedges as an intake followed by a pair of plates as a duct,

with simply an open path to exit. Predicted intake shock

wave angles were calculated to allow mapping of these shocks

and consequent design of the model components such that

these shocks are allowed to escape the duct through gaps in

the walls rather than having them reflect and propagate the

length of the duct, thus confusing the wave pattern. The

resultant model design is shown in Figure I. This model was

then built.

The most critical task to be completed before the

actual experiments with the T4 shock tunnel could begin was

to be the design, assembly and alignment of the optical

system. The extent of the difficulties would, however,

exceed all expectations.

A CCD camera system capable of capturing images with

exposure times of as low as 100 _s, which had been developed
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in this department, was used with only a few teething

problems. Details of this system can be found in reference

(5).

A Laser Electronics ruby laser system with He-Ne

allgnment laser was installed on the roof of an enclosed

optics box mounted on rails on the test section 'dance

floor' of T4. See Figure 2 for sketch diagram of the optics

box. The laser output beam was lead down into the optics box

using an optic fibre. It was decided that due to the short

test time in T4 the image recorded by the optics should be

as close as possible to instantaneous, thus it was decided

to Install an electronic Q-switch to bring the ruby laser

pulse time down from about 1 ms to less than 50 Vs.

Unfortunately the Pockells Cell component of the

Q-switch proved, after much searching, to be faulty, and was

sent away for replacement. Subsequently it was decided to

leave the laser without a Q-switch until after the first set

of T4 experiments.

FIGURE 2. SKETCH OF OPTICS BOX FROM THE SIDE

g.x_'r

o_ncS 6ox /
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The next task was to design and build mounts for the

optical components of the actual optical system. Once the

components were mounted it was time to develop a procedure

for aligning them so as to give a proper interference

pattern and a sharp image of an object in the test section,

and hence a good differential interferogram. The design that

had been settled upon was that of a double pass differential

interferometer, which made the alignment more difficult. The

layout for this optical system is shown in Figure 3.

It was found that most of the alignment was easiest

carried out using an extra He-Ne laser in place of the

output end of the fibre optic inside the optics box, as this

gave a bright and non-diverging colimated beam which was

easy to trace through the system. Also, in the course of

alignment a number of the optical components were found to

be of insufficiently high quality or of inappropriate

specifications to be able to obtain an image. These were

replaced in due course and eventually a systematic procedure

for aligning the system was developed. This can be

summarised as follows:

(1) Centre alignment laser to give a well directed and

horizontal beam.

(ii) Work through the system of mirrors ( with other

components removed ) adjusting each to pass the beam on to

the centre of the next.

(iii) Use a screen with a hole for the outgoing beam in

it to adjust the final mirror so that the returning beam

follows the same path as the outgoing beam.

(iv) Position each lens in turn in the beam centred so

as to not alter the path of the outgoing beam.

(v) Adjust lens positions in direction of beam so that

the focus of the beam before the concave mirror coincides

for the incoming and outgoing beams. Readjust the final

mirror if neccessary so that incoming end outgoing beams

still coincide.
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(vi) Place polaroid and wollaston prism in the path of

the beam near the focus of the concave mirror.

Some adjustment of some components ( such as the cubic

beamsplltter ) has also been found neccessary to eliminate

stray reflections which disturb the image. This procedure

has been found successful and good interferograms ( using

the direct He-Ne beam as a source ) have been obtained.

Currently final alignment is being carried out with the

laser source travelllng through the fibre optic. Presently

the original multi-mode fibre optic is being replaced with

single-mode fibre optic to eliminate severe distortion in

the illumination pattern of the light emitted from the

fibre.

FUTURE

It is expected that the differential interferometer

will be fully operational shortly. Tests to determine how

severely the vibrations during the operation of the shock

tunnel affect the alignment of the optical system will then

be carried out in order to minimise this disturbance.

Experiments with the previously described model in the

T4 shock tunnel will follow, using the differential

interferometer to obtain information on the simulated

combustion waves caused by nitrogen recombination aswell as

other wave phenomena in the scramjet duct.
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A STUDY OF THE WAVE DRAG IN HYPERSONIC SCRAMJETS

NemrlnAkmen

The Mechanical Engineering Deptartment

The _nlverslty of Queensland, St. Lucia, 4067

ABSI_CT

A model two-dlmenslonal flow In a convergent-dlvergent duct is

analysed. It is found that wave drag varies with the Mach number in a

"saw tooth" manner with increasing amplitude and period. The drag

value reaches its minimum when symmetrical wave distribution can be

obtained in linear theory within the system, the maximum drag value

coincides with Mach numbers larger than that in which the shock wave

emanating at the leading edge of one plane completely misses the other

plane. It is also found that the thrust varies linearly when

combustion is simulated by adding heat without addition of mass or

change in the compressibility factor.

I.o I_mo_]oN

Wave phenomena and management of waves play an important role in

hypersonic scramJets. In order to achieve beneficial interaction
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between the waves and the thrust surfaces, It is necessary to

understand the drag produced within the system as a result of the wave

distribution. This understanding becomes more critical as the flow

Hach numbers within the duct take hypersonic values, and inefficient

flow management results in increased drag.

To compare the results obtained In this study with that of llnearlzed

theory, and validate the numerical method used In the analysis, an

lnvlscld perfect gas with constant ratio of specific heats Is Initially

used In the analysis. Presently, the temperature dependence effects

of the specific heat constants, and the viscosity effects are Included

In the study. The concept of "boundary layer bleeding" to achieve

better thrust Is examined. Combustion is represented by heat addition

at the throat, without the addition of mass or change In the

compressibility factor which normally Is associated wlth combustion.

The flow Is assumed to be two-dlnenslonal.

2. The Busemarm Biplane.

A two dimensional convergent-divergent duct, formed by placing two

thin, double wedge aerofoils opposite to each other, Is called a

"Busemann biplane' (Figure 1). The beneficial effect of the Busemann

biplane In the reduction of wave drag Is well discussed In the

Figure I. Buse_rm biplane.
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literature az_d the author'm earlier report (1989).

The drag of the busemann biplane according to the two dimensional

linear theory as a function of the Nach number is given in Figure 2.
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FIEure 2. Drag of the Buseaann biplane as a function of the Hach

Mach number obtalned by two dimensional linear theory.

The Busemann biplane is referred to as the "Busemann ScramJet"

(Supersonic Combustion RamJet) when fuel Is Injected into the system.

The combustlon of the fuel at supersonic velocities and at low

densities Is very difficult to achieve. To obtain good mixing, and

hence efficient burning of the fuel, is a study in its own and will not

be dlscussed here. However, the allowable temperature within the

scramJet should be llmlted to 2000 K; since, the fuel will. not burn at

higher temperatures.

• 99



In the context of this study, the combustion Is represented by heat

addition at the throat, without addition of mass or change In the

compressibility factor which Is normally associated with combustion.

3. The Numeri_pl Code

The code wTltten Is based on the two-dimensional unsteady Euler

equations and the Godunov's method. The geometry adopted to represent

the scramJet Is that of the Busemann bl-plane. Due to the symmetry

only the upper half of the duct Is considered.

Figure 3. The adopted geometry of the scra_Jet

The upstream (region I) and downstream (region 4) regions are added to

the Busemann biplane configuration. The regions 2 and 3 are termed the

"compression" and "expansion" regions (Figure 3). The angle between

the x-axis and the compression (drag) surface Is taken to be equal to

the angle between the x-axis and the expansion (thrust) surface_ ::_

co_S_o_i_ _ optimum thrust conditions 'M [_*'2_ "_C_ •

Deflection angles of 1 °, 2 ° , 4 ° , 6 ° , 10 °, 15 ° have been studied. In

all cases the design condition was taken to be at the upstream Hach

number of 6. The results for deflection angle of 2 ° have been

1 l_



presented In the earlier report (]989).

4. Results

The results obtained using the numerical code are presented above In

Figure 4. These results are In close agreement with the llnearlzed

theory in the prediction of the drag within the system (Figure 2). The

wave drag varies with the Hach number as predicted from the linear

theory.

The code fails to give zero drag at the design Hach number. The

non-zero result Is more accurate since In the region of interaction

between the expansion fan and the surface, the pressure drops

lsentroplcally, reducing the amount of thrust which would have been

otherwise developed The percentage of the expansion surface which

intercepts the expansion fan increases in a non-linear fashion as shown

in Figure S.

Surface contouring may be employed to counteract the effect of the

fe

expansion fan on the surface pressures. This procedure ^stores the

pressure values to the value prior to the expansion fan; however, this

procedure reduces the projected thrust surface, hence the available

thrust (Figure 6).

For six degree deflection angle the ratlo of the calculated biplane

drag coefficient to the monoplane drag coefficient at the design

condition increases from 0.18613 to 0.29896 due to decrease In the

projected thrust surface when the surface contouring Is employed.
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Figure 4.
Ratlo of the blplane drag coefflclent to the

monoplane drag coefflclent as a function of

the Hach number. DeslgnHach number ls 6.
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Figure 5 The percentage of the surface which intercepts the •

expansion fan as a function of the deflection anxle.

If the pressures in the affected portion of the surface are restored to
_1_ _h_

the value prlor_the expansion fan intercepts the surface without change

of the surface geometry the drag reduces to zero.
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Figure 6. The effect of surface contouring on the projected

thrust surface. (A,A=ProJected thrust area)
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The pressure.contours and the pressure distrlbutlon along the surface

for various deflection angles at the design Mach number 6, are glven in

Figures 7 and 8.

8 m 1 °

,-, 2o

t.............. ".....

Figure 7. Pressure contours at various deflection angles

All of the reflected expansion fan does not meet the surface as seen In

the Figure 7. In other words, part of the expansion fan spills from
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the system arid interacts further with _:kock crY- _e +_;t_ edge

_ C[_t. The expansion fan generated at the shoulder meets the axis

of symmetry at AB. The reflected expansion fan therefore starts at

point A and interacts with the orlgtnal expansion fan. The effect of

this is seen as the curved contour lines in Figure 7.

l_

| -,- |

=*.l ......

CE_ leJa_

Figure 8. Pressure distribution along the surface for

various deflection angles.
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A similar problem exists at Hach numbers at which the reflected shock

wave interacts with the expansion wave. At these Hach numbers, the

reflected shock wave curves and meets the surface earlier than Is

predicted froa the linear theory (Figure _). This results In Increased

thrust In the expansion region. Instead of the ratio of the biplane

drag to that of monoplane drag increasing to the value of 1.0 along a

straight line, a more gradual Increase Is obtained as shown In

Figure 9.

'l
!-'1

/

CELL

{s) Pressure dlstrlbutlon along the surface.

Figure 9.

(b) Pressure contours within the system.

The Interaction of the reflected shock wave

with the expansion wave from the shoulder.

4.1 Shock S_earlng

The smearing of the dlscontlnultles, such as shocks, presents a problem
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in numerical methods when high accuracies are required. The

calculation, of the wave drag and complex geometries usually require

such discontinuities to be represented quite precisely. Godunov's

first order method tends to be diffusive at weaker shocks In two

dimensional flows. However, It does capture the shock well, and the

calculated pressure, density and temperatures agree with the values

obtained using the oblique shock equations within 2_ in the range of

deflection angles studied (1 ° - 1S°).

The Busemann scramJet used In this study is a long and very narrow

biplane. In order to show pressure contours clearly they are plotted

on a geometry which Is stretched In the vertical direction by a factor

of 2. This tends to spread the shock waves twice as much In this

direction hence falsely accentuates the smearing.

\

The width of the shock waves seen In these pressure contours ls not

only due to the smearing but also due to the finite dimensions of the

cells. Shock waves will pass through several cells on each row as

shown In Figure 10.

Shock Wave

Figure lO: Surface cells which the Incident and reflected

shock waves pass through at the design condition.
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Figure II gives the pressure distribution along the axls of symmetry

for the various deflection angles at the design condition. The small

hump, A, seen in these pressure profiles is the result of thls

averaging process. The shock wave reflects fron the surface Just prior

to the shoulder causing the small increase, hence the hump In the

pressure distribution along the axis of the symmetry. This effect is

cancelled wlth the expansion wave emanating from the shoulder.

At the design Hach number and at Nach numbers less than that of the

design value(at which a symmetrical wave_dlstribution obtained in

linear theory) there Is an over-expansion region starting at the

shoulder (Figure 8). The flow conditions recover and reach the correct

Values rapidly. This effect again is due to the flntte dimensions of

the cells employed to represent the flow and the first order nature of

the code, and proved to be very difficult to overcome without post

processing of the results.

The advantage of the Godunov's method Is Its accurate prediction of the

fluid properties in complex flows. From the ratio of the predicted

pressure to the upstreu pressure and upstream Hach number the shock

angles can be calculated accurately. This allows the use of post

processors to eliminate the numerical diffusion of the discontinuities

from the results. However, writing a post processor which deals with

the regions where the Interaction of waves take place, is difficult due

to the complexity of the loglc involved.
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Figure 11: The pressure distribution along the axis of

symmetry at the design mach number, 6.

4.2 A Prlmltlve Combustion Model

A prlmltlve attempt has been made to study the fuel combustlon in the

Busemann scramJet by adding heat at the throat (Figure 12). This is an

idealized situation, in which It is assumed that the fuel is added and

completely burned In the rectangular combustion chamber located between

the combustion and the expansion regions. In this approximation, the

lncrease In mass and the change In the compressibility factor which is

normally associated with combustion, are ignored.
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Figure 12. Heat addition at the throat of the Busemann scranJet.

_he results obtained by adding heat at the throat are given in Figures

12 and 13. Even at high deflection angles and Mach numbers, thrust

varies llnearly with the amount of heat added. The

experlmental work shows that, the fuel at the hypersonic speeds does

not burn efficiently. Further study Is required to examine various

mixing functions and mmerlcally determine the Lost efficient ones.

Once this is achieved, work has to be carried out on how to achieve

such mixing in the physical sense.

0.

°"t

+:"4,

Figure 12. Variation of thrust as a function of added heat

at the deslgnNach number, 6.
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Figure 13: Variation of thrust as a function of added

heat at H = 8.
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Figure 14: The gap to chord ratio as a function of the

deflection angle.

7.0 _onclusiop

The results obtained with the code, agree closely with the results
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derived from the two-dlnenslonal linear theory. In the linear theory

the width of the expansion fan, hence the tsentroptc pressure drop at

the surface, as well as the non-linear effects of expansion and shock

wave interactions are Ignored. The numerical analysis includes these,

therefore the numerical results at the Hach numbers, where the

symmetrical wave distributions and monoplane drag obtained In the

linear theory, are better representations of the physical solutions.

At the other Mach numbers, the results of the code and the linear

theory agree within 0.1%.

The non-linear effects increase rapidly at first with the Increasing

deflection angle. This increase becomes Lore gradual for the larger

values.

For decldtng the value of the deflection angle to be used, one has to

consider the overall problem. As the deflection angle increases the

gap to chord ratio (Figure 14) increases. The scramJet has to be

located at the bottom of the spacecraft for aerodynamic considerations.

This allows the more dense and high pressure air behind the shock wave

originating at the leading edge of the craft to be used as the upstream

air entering the scramJet. Hence, the gap to chord ratio should be

such that only the air behind the shock can enter the scramJet. The

other crucial consideration is that, the temperatures should be limited

to 2000 ° in order to facilitate combustion. For this reason,

deflection angles of 4 ° - 6 ° are thought to be suitable In this

application.

The combustion model used In this study Is not an adequate one by any
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means. The aim of thls study is to determine, if possible, a mixing

function which will allow the fuel to mix at the hypersonic speeds.

Once this is achieved, physical means of achieving such mixing have to

be sought.

It is possible to obtain more accurate results by using a second order

method. However, this procedure is expensive in computer memory since

It requires four times the memory of the first order method and may

become prohibitive if the real gas effects are to be included without

the use of supercomputers. Supercomputers seem to be outside the

budget of many universities at present. This may force more

experienced researches into developing post processors which require

better understanding of the physical problem under study, but does not

require the use of the larger and more expensive computers.
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PARAMETRIC STUDY ON THRUST PRODUCTION IN THE Two DIMENSIONAL SCRAM,JET

by

Gary A. Allen, Jr.

I. Introduction

There are many possible scramJet geometries with different thrust production

processes. In thls paper we will examlne one of the simplest geometries

which is the two dimensional open duct scramJet. The particular thrust

production process which we will study occurs where the burnt and quenched

fuel-alr mixture has passed over the dlverglng section of the scramJet. A

phenomena of particular Interest in this paper is the Influence upon thrust

by the variation of dlvergln8 sectlon angle.

Our theoretical model for the thrust productlon process was the steady,

compressible, two dlmenslonal Euler equations, assuming a perfect gas. The

Euler equations were solved through a computer program usln8 a numerically

integrated form of the nonhomentroplc method of characteristics. The

advantages in uslng thls slmple theoretical model were In the resultant

computer program beln8 small, extremely fast and usable on a low cost

personal computer.

2. Theory

The use of characteristics in studying the scramJet Is by no means original.

Antonio Ferrl in his classic paper [I] on axlsymmetrlc scramJets used

characteristics with a simple combustion model. In a paper by R.J. Stalker,

et al. [2] the thrust production process for a two dimensional scramjet was

described using dlverglng and converging Hach waves based on an approximate

theory developed by Welnbaum [3]. Our approach to this problem employs the

physlcal model used by Stalker, et al. with a nonlsentroplc (or more

precisely a nonhomentroplc) characteristics method as shown in Vlncettl and

Kruger [4].

The fundamental equations are the steady, two dimensional, compressible Euler

equations cast in Cartesian coordinates:
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a(pu)+ 8(pv)
a"-"7 = o equ(1)

8u au.] _ 8p (2)e@

= e (3)

Where p is density, u Is velocity In the x direction, v Is velocity In the y

direction, p Is pressure. The x direction is parallel to the local

streamline. The y direction Is normal to the local streamline. If we assume

the flow is lsentroplc along the streamline (but not necessarily [sentropIc

normal to the streamline), we may recast equations (1)-(3) Into the more

simplified form:

8(8 [142-1 ] _ 8p
= equ(4)

a_ 7 Mz P 8_

ae [Mz-t] _ ap
equ(5)

Where 8 Is the streamline angle with respect to an axis in Inertial space. M

Is the Mach number. _ Is the ratlo of speclflc heats. _ Is the coordinate

along the characteristlc (Mach wave) which is deflected by an anEle p from

the streamline. _ is the coordinate along the characteristic which Is

deflected by an angle mlnus'p from the streamline. Figure 1 depicts the

streamline with these different coordinate systems and the two

character 1st tcs. 1
r

rc,t'errin= _
to an axis tn _ _ =W':t

/" Characteristic /

. s _ _CoordJnate

.I _

Figure 1. Streamline. Characteristics and Coordinate System
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If we were to assume the flow was completely Isentropic {a false assumption

for the scrmm_et problem), then we could further simplify equations (4) & [5)

Into the classlcal Method of Characteristics solutlon form:

__8 (_ _ e) = 0 equ(6)
8n

__8 (_ + e) : 0 equ(7)
a¢

Where _ is the Prandtl-Meyer function which is defined as:

° ,,' rr,.,]']
It should be mentioned there is a nonhomentropic formulation which uses the

Prandtl-Meyer function as a dependent variable. This form cam be found in

Liepmann and Roshko [5]. Using the Prandtl-Meyer function for the

nonhomentropic case initially seemed advantageous since this formulation is

quite compact and accurate for the isentropic regions of the flow.

Unfortunately the use of the Prandtl-Meyer function in nonhomentropic flow

requires carrying the temperature as a dependent variable in the vorticity

terms. This created a host of added and unnecessary problems. Therefore It

was concluded the pressure, theta technique shown in equations (4) & (5) was

the superior approach.

The classical Method of Characteristics method shown In equation (6) & (7)

can be integrated exactly. However the nonhomentroplc formulation in

equations (4} & (5) needs to be integrated numerically. If a first order

finite difference technique Is used on equations (4) & (5) then the following

Is derived:

[M_ - 1] _

- = [Pk - PJ] equ(9)
8 k 8j • M 2 P

J J

[M_ - 1] %

- = [Pk - PI ] equ(lO)
8k 81 2 PIM i

The solution procedure assumes all conditions are known at points: i and J.

The values for Pk and e k are found directly from equations (9) & (I0).

However In order to propagate the solution the Mach number for point k needs
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to be calculated as well. Thls Mach number Is found by assuming the flow is

Isentroplc along streamlines. The solution procedure is to extrapolate the

path of the streamline backwards to a region in the flow where pressure and

Mach number are known. The values for pressure and Mach number are then

found by interpolation. This process of stream llne path extrapolation

following by interpolation is the most computer time intensive activity in

the program. Once the Mach number and pressure have been found on the stream

line then one can calculate pressure at point k by utilizing the lsentroplc

chain.

The maln source of error In using this method comes from the growing

uncertainty in the streamllne's position wlth respect to the location of the

two corresponding Mach waves. Thls uncertainty In the streamline's position

degrades the accuracy of the interpolation process. This In turn reduces the

accuracy of the solution at point k thus propagating the error.

In principle this method can deal with shock waves since the theory allows

for changes In entropy along a streamline. However thls theory was usable

only because the combustion process was assumed to be quenched before it

encountered the scramJet's thrust producing expansion fan. Unfortunately It

is likely that induced shock waves would cause local reignltlon of the

fuel-alr mixture introducing complicated chemical and real gas effects which

were not modeled by the theory. Therefore the computer program developed wlth

thls theory looks for the coalescence of Mach waves which would indicate the

formation of a shock wave. When a shock wave is detected, the program prints

out a warning message. Fortunately induced shock waves do not occur until

the scramJet Is near Its operating limit. Therefore induced shock waves were

not a serious limitation to this method.

3. Computer Program

The computer program developed in this study was written to be usable on a

personal computer or work station employing the MS-DOS or UNIX operating

systems. The computer program's source code (written in C} can compile first

time without error on a wlde variety of computers, i.e. IBM-PC, HF-9000,

Perkin-Elmer, Iris, etc. The compiled program is optimized for both speed

and minimum memory requirement (25 CPU seconds on an IBM-PC/AT}. The basic

scramjet geometry described by the computer program is depicted in Figure 2:
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Fl_re 2. Baslc Scram Jet Geometry

The computation starts at the leading Hach wave which is the first Hach wave

of the expansion fan radiating from the diverging section corner as shown In

Figure 2. The fuel/alr mixing layer along the leading Mach wave Is divided

into forty characteristic pairs. The air region above the fuel/alr layer

region Is dlvlded lnto another forty pairs up to the top of the duct. The

scramJet Is assumed to be an open duct type, vIz. no upper surface.

The expansion fan is dlvlded Into five regions where each reglon is

subdivided Into seven sectors. Six hundred and forty characterlstlc palrs

are generated for each region. When the next reglon Is calculated, all but

the last sector of characterlstlc pairs from the prevlous region are thrown

away resultlng In the computer's data memory requirement being kept below 64

kilobytes. This 64 kllobyte memory restrlctlon Is a consequence of using

personal computers with the Intel 80x86 microprocessor. There are proEramlng

methods for getting around this problem, l.e. dynamic memory allocation wlth

pointer arrays. However these alternative methods increase the program's

complexlty, and reduce portability.

Once the expansion fan has been calculated, the program then calculates the

characteristics down to the surface of the diverglng section (thrust

surface). The characteristics are each evaluated to determine if they cross

prior to encountering the thrust surface. If the characteristics do cross,

then It Is assumed a shock wave has /ormed resultlnE in the computer program

generating a warning message. Characteristics reflecting away from the

thrust surface are not checked to see If they cross since ft is not believed

that reflected Induced shock waves are slKnlflcant to thrust production.
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The characteristics leading to the thrust surface are divided into ten

regions each with six hundred and forty characteristic pairs. Calculation of

total thrust is found by Integrating the local wall pressure over the thrust

region using the trapezoidal rule.

The scramJet is assumed to always have central fuel injection. Wall

Injection is certainly worth Investigation. However to theoretically

Investigate wall Injection, one must consider boundary layer effects and wall

heat transfer, both of which would greatly complicate the theory and computer

program.

The fuel/alr mixing layer as it encounters the leading Mach wave is described

by Gaussian distributions for the Mach number. The initial velocity vector

Is assumed to be parallel to the wall. The initial static pressure is

assumed to be uniform across the duct. The Gausslan distributions Mach

number are matched to the duct air layers on both boundaries of the fuel/alr

mixing layer. The ratio of specific heats Is assumed to be uniform

throughout the scramJet. It should be emphasized that these Inltlal

condltlons are input parameters based on experimental data and are not

actually calculated.

The program was tested against a nozzle designing program written by P.

Jacobs [6] to establish it's basic validity. The nozzle designing program

was developed to solve for homentroplc flow with Rlemann Invarlant

characteristics. It was found the two programs generated results with very

good agreement even though the characteristic mesh resolution and solution

procedures were different.

4. Experimental Data

The experlmental data used for comparison with this computer program was

taken from the R.J. Stalker, et al. paper. The data was generated in the T-3

shock tunnel at the Australian National University, Canberra. Table I shows

the test conditions for the three experiments used in calibrating the

software. This data roughly corresponds to a flight Mach number of about

eight.
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Table I. Experimental Test Conditions (from ref.[2])

Test Case No. 1 2 3

Stagnation Enthalpy (HJ/kg) 8 4.3

Precombustlon Pressure (kPa) b 140

Precombustlon Temperature (K) 1300

Precombustlon Velocity (k_sec) 2.42

Precombustlon Hach Number 3.50

Ratio of Speclflc Heats, T 1.35

6.1 8.7

180 160

1900 2500

2.85 3.26

3.35 3.40

1.32 1.32

SExperlmental error ± 3%, bExperlmental error ± 5%
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Figure 3. Hach Number Profiles Prior to _he Expansion Fan (from ref.[2])

The initial Hach number profiles in the duct are shown In Figure 3. These

Mach number profiles are measured normal to the duct's _xls of symmetry in

the fuel/alr mixing layer Just prior to where the duct's flow encounters the

leading Hach wave {see Figure 2).

Figure 4 shows the pressure on the thrust surface corresponding to the three

test conditions. The vertical axls In Figure 4 uses the pressure parameter

AP/P. This pressure parameter Is based on static pressures and Is defined as:

AP Pressure(Fuel On) - Pressure(Fuel Off}
-- z equ(lO}P Pressure(Precombustlon)

The precombustlon pressure was measured In the duct Just prior to the leading

Mach wave of the expansion fan. The Fuel On and Fuel Off pressures were

measured from a set of pressure taps on the thrust surface. The Fuel On

value was the wall pressure measured when combustion had occurred. The Fuel

Off value was the wall pressure measured when combustion had not occurred due
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to the fuel (hydrogen) not being Injected. The horizontal axis In Figure 4
*

Is the radial distance in millimeters downstream from the diverging section

corner as shorn In Figure 2.

eo ol

J .2 •

0 foo 1_o
Jr x x

x - distonce from corner (ram)

Figure 4. Open Duct Pressure Distributions (from ref.[2])

The pressure proflles shown in Figure 4 are double humped. The right most

hump Is relevant to the analysls of thls paper whlle the left hump pertains

to other combustion processes within the duct.

The actual dimensions of the experimental scra=jet were not provided In the

original paper. They are now provided in Figure S.
)

1 I

All dimensions are Zn allllmeters. _ 39
e

/////////J ....f-
Nsch - 3.S _ 37

, 125
Injector Center 1 into

, "r ;

Thrust Surface

Figure 5. Physlcal Dimensions of the Experimental ScramJet

5. The Effect of Ramp Angle on Thrust Production

The angle of the T-3 experimental diverging section was fifteen degrees (see

Figure 5). A parametric study was performed which Involved varying the angle

of the diverging section. The results of this studyJa_ are depicted in

Figures 6.1-6.3 which correspond to the thYee cases examined experimentally.
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The vertical and horizontal axis are the sa_e as used in Figure 4. Each plot

shows nine different pressure traces for different diverging section _les

starting with an angle of three degrees and going through a range of angles

at two degree increments to a final diverging section angle of nineteen

degrees. It was observed that the maximum pressure occurred In Figure 6.1 at

a ramp angle of 10.9 degrees. In Figure 6.2 the maxtmum pressure occurred at

a ramp angle of 9.7 degrees. In Figure 6.3 the maximum pressure occurred at

a ramp angle of 10.6 degrees.

Thrust was calculate by integrating the pressure over the entire length of

the trace. Plots showtr_ thrust as a function of diverging section angle for

the three test cases are shown In Figure 7.
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Figure 7.
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Figure 8. ScramJet Axial Thrust as a Fumctlon of Diverging Section Angle
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Before this study was performed, It was speculated that the Euler equations

might reveal an optimum diverging section angle which yielded maximum thrust.

Figure 7 shows the total thrust increased monotonically as diverging sectlon

angle increased. Axial thrust is the component of total thrust which would

overcome drag in a hypersonic vehicle. Figure 8 shows axial thrust

increased as diverging section angle increased. Obviously the Euler equation

model for thrust production would breakdown where the diverging section angle

increased sufflclently to cause flow separation from the wall. Also our

model of a scramJet assumed the thrust surface was infinitely long. Clearly

in an actual scramjet the thrust surface must have a finite length. The

relevance of thrust surface length was demonstrated in Figures 6.1 - 6.3,

where the pressure hump increased in length with an increase in diverging

section angle. At some angle the pressure hump would spill off of the thrust

surface. Although it was not revealed by our approach with the Euler

equations, for a real scramJet there would be an optimal diverging section

angle for maximum thrust production.

6. Concluslons

In this paper we have investigated the thrust production process in the two

dimensional scramJet uslng a high speed computer program written for small

personal computers. We have shown that for specific dlverglng section angles

the peak pressure on the thrust surface achleves a maximum value. However we

have also shown the axial thrust does not have a maxlmum value for a specific

dlverglng sectlon angle provided the thrust surface is Inflnltely long.

Rather the axlal thrust Increases monotonically with diverging section angle.

Computer investigations of the scramJet are usually restricted to the

province of super computers doing runs on the order of CPU hours. This study

has demonstrated that useful information can be obtained from a small and

fast computer program using the Method of Characteristics.
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The Design of a Mass Spectrometer l'or use in Hypersonic Impulse Facilities

K. Skinner

The value of Mass Spectroscopy as an analytical tool to Chemists has

long been established. The use of Shock Tunnels to produce high density

particle flows (of the order of 0.1 atmospheres) with a stream energy of up

to lOeV, although not as widely applied, has also become well established.

Little work has been done utilising both techniques simultaneously and what

has been done has been mostly concerned with the study of transient chemical

species produced in the reflected shock region of the tunnel. Several

researchers have expanded the test gas through nozzles and skimmers before

sampling the chemistry of the gas. Crane and Stalker I were the first to

attempt Mass Spectroscopy in a high density hypersonic flow expanded from a

reflected shock region through a contoured nozzle, whose purpose was to

produce a uniform test flow, rather than to chemically freeze the expanding

gas in its stagnation state. Their work, however, was never applied to

hypersonic combustion. This work has been to investigate the use of a mass

spectrometer to analyse the reacting gases in hypersonic combustion.

While hypersonic combustion is uniquely suited to mass spectroscopic

analysis, a rather severe set of constraints exist at present which act to

limit and define the design and the performance of such an experiment. A

mass spectrometer is uniquely suited analysis of hypersonic combustion

because it provides the possibility of sampling free stream flow without

causing the chemistry of the sample to be altered. Static combustion mass

spectroscopy suffers from the handicap that the sample that is analysed is

drawn from a region adjacent to the combustion chamber wail and the presence

of the wall influences the chemistry. If the combustion is occuring in a

flow at subsonic speeds then the presence of the instrument in the flow will

affect the flow upstream of the instrument and hence perturb the chemistry.

In supersonic flow it is possible to introduce a hollow conical skimmer which

samples the flow at the tip of the cone without affecting the flow upstream.

The cone angle on such a skimmer must be kept sufficiently low that the shock

wave off the nose must remain attached. The cone angle of the hollow

interior of the skimmer must be large enough to prevent those molecules which

strike the inside walls of the skimmer from having a large effect on the

chemistry of the axial flow. Only in hypersonic flow can these mutual

conditions be satisfied.

Due to the nature of hypersonic facilities which atre currently
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available, the design of a mass spectrometer is limited in several critical

aspects:

1.

2.

3.

Hypersonic test facilities typically have very short test times.

They deliver an impulsive load to test instruments.

In all Mass Spectrometers a high vacuum must be maintained

throughout the test.

4. For safety reasons combustion experiments must take place

within a pressure vessel.

I. Test Time

The very short test time immediately restricts the general type of Mass

Spectrometer which may be used productively to a Time-of-Flight instrument.

Magnetic Sector or Quadrupole mass filters may be used, but if so, then only

one mass may be sampled during each test time. A Time-of-Flight mass

spectrometer, however, is capable of mass analysing a complete spectrum in

only I00 microseconds from a single pulse of ionised sample gas. Magnetic

sector mass filtering or magnetic focussing are also undesirable on the

grounds that they require precise mechanical alignment and suffer from

vibration problems.

2. Impulsive Test Flow

Regardless of the available volume of the test section of the flow

facility, the cross-sectional area of the instrument must be kept to a

minimum. This is to avoid the problems of choking and/or upstream influence

which may occur when the instrument is moved close to a wall, strut or fuel

injector, and to reduce the amount of impulsive force which is applied during

a test run. To attain any required internal volume, therefore, the length of

the instrument must be adjusted while the cross section is kept to the

mimimum required to maintain sufficient expansion of the sample within the

instrument.

3.(a) Vacuum - Pump requirements

The vacuum needed within the Mass Spectrometer is determined by the

length through which the ions must travel to the ion detector after leaving

the ionisation region. The mean free path of particles must be longer than

this distance, which we may assume to be of the order of one meter. This

means that the vacuum necessary is of the order of 0.001 Pascals. Pumps that

are used to produce this order of vacuum are usually complex and sometimes

delicate. Whatever type of pump is used, it should be built into the

instrument so that the distance between pump and the high vacuum regions is

kept to a minimum. Placing the pump at some distance from the" instrument,
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possibly even outside the test section vessel, limits the effective pumping

speed to the diffusion rate along the connecting tube.

3.(b) Vacuum - Skimmer Constraints

As menlioned, a sample of gas from the combustion region may be expanded

within a hollow conical skimmer with a small orifice at its tip. The stream

tube, passing through this orifice, experiences close to a free jet expansion

when the interior walls move away from the molecules faster than their

thermal velocity. An important consideration in the design of these skimmers

is the detrimental effect that the front orifice is going to have on the

vacuum inside the instrument. The final vacuum attainable inside the

instrument prior to a test, is determined when the leak rate through the

front orifice is equal to the pump throughput. Small orificed hollow

skimmers are hard to manufacture in practice, so a better ultimate vacuum may

be attained by increasing the number of skimmers and introducing intermediate

volumes which are kept at intermediate pressures. Each extra skimmer,

however, introduces new possibilities for interference with the sample and

the need for another vacuum pump.

3.(c) Vacuum - During Test

During a test, while gas is flowing into the instrument through the

skimmer orifices, the vacuum inside the instrument will deteriorate unless

the volume behind the skimmmers is large. In a time-of-flight instrument,

the important regions requiring a high vacuum are in the ionisation region,

the drift region for the ions, and the ion detection region. (See Figure I.)

Since the molecules passing through the skimmer have highest mobility in the

direction of the skimmer axis, the vacuum in these important regions are

maintained longest if they are situated at an angle (optimally 90 degrees) to

the direction of the molecular beam. Another consideration limits the extent

to which this can be achieved, however. Ions which are formed from the

molecular beam behind the skimmer have an initial velocity component in the

direction of the neutral beam. Different masses, however, have different

energies which correspond to an equivalent velocity. This means that as the

ions are accelerated radially by an electrostatic field, and thus given

different radial velocities, their resultant velocity vectors will make

different angles to the axis of the skimmers. This fanning out of the ions

can be minimised by reducing the angle at which the ions are accelerated and

by increasing the accelerating voltage on the ions. A limit is placed on the

accelerating voltage, however, as a high ion energy implies a faster ion

transit time and hence a faster output spectrum. The speed of "the available
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data recorder places an upper limit on the value of the ion accelerating

voltage.

4. Pressure Vessel

Conducting experiments with combustion of flammable gases requires a

design which will not endanger lives and if possible, equipment. The test

section must therefore also be a pressure vessel, and the experiment should

be completely confined within this vessel. In the normal course of operation

of an impulse test facility, this test section will hold any pressure from

vacuum up to the maximum rating of the vessel. This means that Pumps must be

able to operate within a fluctuating pressure environment and all electrical

connections must be insulated against arcing.

Clem'ly the shape, size, skimmer arrangement, and the vacuum system for

the mass spectrometer are strictly limited by the environment of the Impulse

Hypersonic facility. Remaining design questions focus on the production,

treatment and detection of the ions within the instrument.

When deciding what method of ionisation to use, three things need to be

considered: Will all the different species be ionised approximately equally

in a predictable way? Will the ioniser interfere with the chemistry of the

sample in an unpredictable way? And will the ioniser be cheap, dependable,

small and robust? The first two requirements will only be satisfied by a

beam style of ioniser, as all other methods require avalanches of electrons,

accelerated in an external field. Of the possible beams, (ion, electron, or

photon), only electron beams satisfy most of the third requirement. Ion

beams are not simple to produce and will pollute the chemistry of the sample.

Photo-ionisation occurs at wavelengths of 800 angstroms or less (far

ultra-violet) for single photon ionisation, and even so, the ionisation

cross-section is two or three orders of magnitude smaller than for an

electron beam.

The treatment of the ions after formation consists of passing them

through an acceleration region and then focusing them onto an ion detector.

The choice of ion detector is not constrained by this application.

Constraint is placed on the means of data recording, however. It must be

fast enough to maintain reasonable resolution over the period between the

arrival of the first and last ions in the spectrum. With a sufficiently fast

data recorder multiple spectra may be taken throughout the test time of the

flow, each spectra corresponding to a single pulse of ionising electrons.

I. Crane, K.C.A., and Stalker, R.J., "Mass Spectrometric analysis of

hypersonic flows", J Phys. D: Appl. Phys., Vol. I0, pp. 6"]9, 1977.
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Figure I. The regions of critical high vacuum
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SHOCK TUNNEL DRAG MEASUREMENT

By S.L. Tuttle & J.M. Simmons
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SHOCK TUNNEL DRAG MEASt;REME_ - S.L. Tuttle & J.M. Simmons

The develppment of the drag measurement technique Inltlally started by

Sanderson and Simmons in 1988 was continued in 1989. The method was to

allow a stress wave caused by the impact of the flow on the model to

propagate along a sting of sufficient length to enable the measurement

of the resultlng compressive strain before the return of any reflection.

This requires the knowledge of the model's Impulse response so that

the inverse force problem may be solved by means of deconvolutlon.

The method was at a stage where the measured and deconvoluted drag would

agree wlth Taylor-Maccoll theory to wlthln 1OZ. The model geometry

was such that skin friction could be entirely neglected { the model was a

cone of 15 degree seml-vertex angle }.

The new model was a 5 degree seml-vertex angle cone of more than double

the length of the previous one. This made the Incluslon of skin

friction essentlal, and made the stress waves reflected within the model

very apparent.

Probably the single most significant difference was the signal-to-noise

ratio. The strains measured were of the order of several microstraln

only, the drag being a factor of between 4 and 10 less than for the

15 degree cone. The noise on the signals obtained from the shots with the

S degree cone was in many cases the same size as the overall signal upon

which it was superimposed. The noise in the case of the earlier 15 degree

cone was on average only about 6Z of the total signal, and could

effectively be completely filtered out.

The term 'noise' in the case of the 5 degree cone data refers not only to

the random electrical noise, but also to the passage of small 'packets'

of reflected stress waves through the overall slgnal. These were most

apparent in the dynamic calibrations where the loading was far more

coherent than that occurlng in the shock tunnel.

The process of fllterlng the data was thoroughly explored and it soon

became apparent that no filter would remove sufficient .noise, whilst

leaving the overall signal acceptably unaltered, to enable an
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intelligible level of drag to be deduced after deconvolutlon.

This then necessitated polynomial curve fitting to the experimental data

In order to obtain a sufficiently clean signal, as noise is greatly

amplified in the deconvolutlon. Thls curve fitting approach gives quite

close agreement between the measured and predicted drag, although there

are short comings with the method, again predominantly due to the

excessive amount of nolse which makes a very good curve flt difficult.

Two methods are being used to predict the drag, each a variation on

Newtonlan theory. The first uses the measured pltot pressure, while the

second replaces thls wlth pv 2 calculated from T4 data. Both methods

include a skin friction component which Is scaled to follow the T4 pltot

pressure trace, starting from an initial value calculated using simple

boundary layer theory.

At this stage the agreement varies between very good and about IOZ

difference at worst. Five shots were done coverlng four different

tunnel conditions and examples of these results are attached, wlth the

shock tunnel conditions included for each. For each shot there Is data

from wire resistance strain gauges and semiconductor strain gauges, both

mounted at the same axial sting location.

Another area which needs to be addressed Is the curve fit which Is again

due to the poor slgnal-to-nolse ratio and it is believed that this can be

improved.

In conclusion, It can be seen that despite the severe difficulties

imposed by the excessive amount of noise on the signals, the drag ,which

may consist of a significant amount of skin friction, can be measured to

a reasonable degree of accuracy for this stage In the development of thls

drag measuring technique.
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Shot # 1186 : Stagnation enthalpy : 18.67 Mj/kg

Stagnation pressure : 48 MPa

Mach number : 5.18

Static pressure : 24.31 kPa

Static temperature : 2516 K

Density : 0.0303 kg/m 3

Velocity : 5240 m/s

Shot # 1187 : Stagnation enthalpy : 10.60 Mj/ks

Stagnation pressure : 49 MPa

Mach number : 5.40

Static pressure : 22.00 kPa

Static temperature : 1500 K

Density : 0.052 kg/m s

Velocity : 4050 m/s

Shot # I189 : Stagnation enthalpy : 6.20 Mj/kg

Stagnation pressure : 50 MPa

Mach number : 5.81

Static pressure : 18.40 kPa

Static temperature : 785 K

Density : 0.0811 kg/m 3

Velocity : 3220 m/s
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KEY TO DRAG PLOTS

.... pV z Newtonian + skin friction

-.-.-.- pitot Newtonian + skin friction

deconvoluted drag

....... curve fit to measured drag
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DEVELOPMENT OF ASK IN FR ICT ION GAUGE FOR USE IN AN IMPULSE FAC IL ITY

Gabrielle Kelly

The skln frlctlon gauge deslgned for use In T4, as described In the prevlous

submlsslon, was deslgned uslng plezoceramlcs. The ceramlc PZT-7A Shear Plate

was selected as the appropriate plezoceramlc material due to Its sensitivity

In shear and theoretical zero cross axls sensitivity. A sensitivity to axial

pressure was detected and in order to decouple the extranous pressure effect

which distorts the true shear signal two identical sections of the ceramic

were used. One was inverted wlth respect to the other in the axial plane.

Thus the summation of the two separate slEnals cancels the pressure effect

and doubles the shear stress signal. The design was tested In June 1989 In T4

uslng an existing flat plate model[ Since the slgnal generated was predicted

to be small It was amplified as close as posslble to the slte of signal

detection In order to prevent contamination of the signal by noise. As such' a

cavity had to be built into the model to house a suitable charge amplifier.

In the first set of results we found the signals to be much larger than

expected. This we summlsed was for two reasons. Firstly, despite the fact

that heat transfer calculations had indicated the thermal cover thickness was

sufficient to precludethe plezoceramlc from "seeing" a temperature rlse In

the test time, thermal expansion of the cover material had not been taken

Into account. As such part of the slgnal generated was due to thermal

expansion of the cap placing the plezoceramlc under strain. This effect was

In fact in the opposite direction on each of the ceramics so that summation

of the signals canncelled thls thermal effect to the first order. Thus the

original design catered for thls overslght. It was however preferable to

reduce thls effect since the magnitude of the real shear .stress slgnal was

swaped by the thermal slgnal and any real accuracy In determining shear
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stress was diminished. The other extraneous effect was that resultlng from

the test gas coming into contact with the electrical configuration of the

charge ampllfler. Since in this particular model it was impossible to

completely seal off the cavity in which the charge amplifier was situated the

effect of the gas contacting the electrlcal connections was apparent. The

signal was concluded to be an ionlzatlon effect even though little ionization

was predicted at the test conditions used. In the presence of Argon the

signal generated was as expected. In air it was swamped by the ionization

factor. Reduction in temperature reduced the effect but it was impossible to

remove it other than through the use of Argon.

The next series of tests run, were uslng a new flat plate model in which the

cavity for the charge amplifier was able to be completely sealed. The results

were vastly improved. The new model also was designed wlth a thicker thermal

cover which was capped off with bakelite dlsc (a material which exhibits a

zero coefficient of thermal expansion). This series of tests brought the

signals down to a sensible and expected level. Unfortunately the signal dld

not emulate the behaviour of the stagnation pressure. After an original rise

the signal seemed to have a decaying slnusoldal wave superimposed on It. This

behaviour was exhibited by both ceramic transucers - Identical in size and

nature, but opposite in sign. This would seem to suggest that the effect was

one experienced In the axlal direction of the transducer and perhaps

could be explained as the presence of stress waves through the

thermal cover to the ceramic. Unfortunately due to the limited time

available in T4 the tests were concluded In October 1989. Due to the

fact that I wish to bring these tests to a conclusion as soon as

possible I have opted to test the gauges in TQ. This facility is in

less demand and can be operated by the user alone and has the added

advantage of a short turn around time. This effectively means the gauge can
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undergo more thorough testing and I can reach concluslons as to the last

extraneous effect as soon as possible. I feel confident that this behaviour

can be explained by either the presence of stress waves or a still

unresolved thermal effect. The results of these tests will be finalised tn

the next two months.
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HYPERVELOCITY FLOW IN AXIaYMMETRIC NOZZLES

P.A. JACOBS and RJ. STALKER

Department of Mechanical Engineering
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AUSTRALIA

We describe s •lople procedure for the design

of axl•ylmetrl¢ supersonic nozzles for use in

reflected-mode •hock tunnels. This lethod has

been used to design • moderate l_ch member {H = 4)

nozzle and s high Nach number {M = 10) nozzle,

Both nozzle• have been calibrated by leasurlng the

pltot profile• near the nozzle exit planes end.

• lthoulh the H = 4 nozzle performs well. the
X • 10 appears to have reached •Nach number -

preseure limit in which the unsteady nozzle

boundary l•yers slgnlflcauntly affect the test

flo_.

;RII_OUCTION.

A new generation of aerospace planes is

currently belr_ developed. These vehicles viii be

powered by alr-bresthin8 engines end so spend l
considerable frsctlon of their flight accelerating

through the atmmsphere This means that high

speed (v - 3-7kl/s) serodynagics will again become

• focus for fluid dynamic researchers.

_q)erimentel facllltles capable of providing

test flows at these speeds supply a pulse of test

gas that last• only 8 few oilliseconds. To make
the best use of the high enthalpy test gas, It is

expanded to a high-speed uniform and parallel
flo_. For the shock tunnel facility T4 (Stalker &

Herren 1988), this is achieved by uslhg an

axlsylaetrlc nozzle In which the gas i• Initially

allowed to expand through a conical section and is

then redirected by the contoured part of the

nozzle wall to produce a wolf or• test flow st the

nozzle exit plane,

Impulse facilities such •s T4 typically

operate •t total enthalpies (M s) of 10 - 30 PLJ/kg

wlth associ•ted stagnation temperatures {T s) of

SO(X)- 12000 [ imd st•l-nation pressures (Ps) of

40 J_s. At these conditions there l• s strong

coupling betw_.en the chemical reactions of the
dl••oclated air and the lxlslnietrlc gas flow.

This coupling complicates the design calculations

significantly. However Lxtsymmetric nozzles for

non-reflecting shock tunnels have been designed

using the mathod of characteristic• (Iq:X:) with
chemical relctlons by Hudford eg aJ (1980). In

tbelr de•ign they note that the contour •napes

computed for a chemlca!ly reacting flow were

similar to that computed for a perfect gas with

8 suitably chosen ratio of •peciflc heats, T.

This leads us to approach the design process

in I Simple fashion and treat the total flow as

two relatively simple flows patched together. We

treat the early expansion of the test gas in the

conical section as s q_asl-one-dlmenslonal flow

with finite-rate chemical kinetic•. At the exit

of this cone we a••ume that the flow Is a uniform

source flow and that the chemical reactions ire

frozen. We than treat the flow in the contoured

section i• axl•ylmetrlc flow of 8 perfect gas

where T has been chosen to approximate a

cheelcslly reacting flow over the •ale expansion.

The NOC calculation of the flow In the contoured

section Is then the "st_ard" perfect |aS

procedure described In Llepeann & Ro•hko [t957).

This approach has been used to design •

nozzle with exit 14ach number, H .. 4 for use In

• uper•onlc combustlon studies (see figure Is).

Its performance In teros of flow unlforalty

appears to be •dequate. a high I_ch number

(M • 10) nozzle was also constructed (see figure

lb). It has • two-stale In|Sial expansion to

reduce the tile required for the test flow to

reach steady •tote. Unfortunately. for nozzle

stagnation pressure Ps < 40 I,_s, the boundary

layers that develop on the nozzle vail

slgnlflcantly affect the unlforolty of the flow.

lIAr4 4 III:_LI[.

Me will consider the design of a specific

oozzle with 14 = 4 and a throat diameter of 25.0um,

at nomlnel stagnation conditions Ps = 30.4MPa.

il s = 16.2PlJ/kg {T s = BOOOK). The conceptual

layout of the nozzle Is shorn in figure 2. For

computational convenience, ve set the origin of

the axial coordinate, x, at the start of the

conical expansion.

For the Initial conical expansion, we choose

a cone half-angle of 12 ° and we assume the flow to

be a unlforo source flow ot the end of this

section {x = 98ms). Zoners (1967) Indicated that

throats with a consist area section with length

equal to the throat diameter produced "excellent

high temperature source flow charecterlstics when
measured In conical nozzles". Hence we do not

analyse the transonic flow near the throat as done

In a number of other studies (e.g. Slvells 1978).

The flow in the conical section Is strongly

influenced by the chemlcsl reactions associated

with the dissociation and recombination of the

molecules In test gas. We treat this flow as •

q_as I -one-d I eens lena I flow with finite rlte

chemical k_netlcs. Computations are performed
wlth a F10RI"RAN progrmm _D_F (Lordi et aJ 1964).

The stagnation region (libelled 1 In filure Z) led
the subsonic flow up to the throat Is considered

to be In chemlcal Krul1|brlum but, once the

program steps Into the conical expansion. I

nonequlllbrlun chelistry model Is used.
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rllpwe t.

H - 4 and H - I0 sxl•ylmetrlc nozzle•

constructed for the T4 shock tunnel

facility.

No4 lOOlm

H=lO

Me use the flow properties (H and l) st the

end of the conical section as the startln4l point

for the HDC calculation of the flow In region 3

(source flov), region 4 (tramsltlon from source

flm* to parallel flow) and region S (parallel and

uniform flov). The gas flow Is considered to he

chemically frozen irKI • value of 14 it the end of

the conical expansion Is c•lculated u•lng

eat lmtte of the speed of sound

m = (7 S Jgo 1000 T) O's. where S l• the sub of the

• pec !e• concent r • t ions ( io 1e/IPm-s I x t ure )

It 0 = 11.314 J/Ipl-mole/l_ and T Is the static

temperature In II. Here a = 13@0 I/•. The

colputatlon yes performed with the aid of the

progru "HOC" docLmented In Jacobs (198S). The

Inlet boundary Is specified •s a _nlform source

flow with NA = vie m 2.804 and 7 = 1.334. Only 12

points were used on the Inlet boundary •a the

progrmm retain• all of the mesh data In the memory

of the microcomputer. We believe this to be
• u/'f lc lent because Schurme ler (19S9) Indicates

that a 10 Point mesh produced a 0. IX error In exit

hellht for a two- dimensional nozzle calculation.
The hech number on the axis st Point C (In figure

2) 1• cOllputed to be He-4.12. We then step

mlor_ the axls downstream of point C and compute

the /'low field In region 4 by proceeding upstream

along characteristics much as CA.

Once the characteristic mesh l• generated, |

streamline can be Interpolated through the mesh,

st•re In4 at polnt A and f lnl•hlrlg where It

lnlersects the characteristic CO. The data points

on the Interpolated streamline are then used In a

• plane flttlnl routine to deflne the nozzle uall

• • • cubic spllne vllh elghl knot• and specified

end slope•. See table ; for the wall coordinates.

A boumdary bayer nodlflcatlon was added to give a
total wall radius

:////I////J//////_ D

B C Nozzle Axis

FLgure 2. Conceptual view of a hypersonic nozzle

I. Stagnation region.
2 Transition to source flow.

3. Source flow region.

4. Transition to parallel flow

S. Uniform flow parallel to nozzle
axis.

x.rtota I - rlnvlscld * _-_ 4 xlt

where 4;xlt uas estimated to be 1.4am.

Callbratlmt e( the Nach 4 Nozzle.

The performmnce of the nozzle was evaluated

by leasurlng the pilot pressure, Ppllot' at a

plane normal to lhe nozzle axis and located •
distance z = t20am downstream of the nozzle exit

plane. Each pltot probe was fllted with • PCB-1;2

plezo-electrlc pressure transducer which seasured

the Stalp,ltlon pressure behind a detached •hock

that formed over the upstream face of the probe.

Several probes were mounted In I rake and a number

of shots of the shock tunnel were requlred to

build up each pltot profile.

F11pzre 3 shows the tlme hlstory of sole of

the pressures. The "raw" traces for both P and

Ppltot (fllNre 3A) show the Impulsive start and

subsequent decay •ssoclated with "under-tailored"

operation of the shock*tube. In this mxle. the

shock that compresses the test gas reflects In

much s way as to allow the compressed test gas to

expand back up the shock-tube. This reduces P
s

durlrl8 the test flow tlso but delay• contamination

of the test gas (air) by the driver gas (heilml).

To eliminate the time variation from our pilot

pressure leesurements, we normalize Ppltot by Ps

with • suitable time delay (here O. 2 msec) and
filter (tlso constimt - 0.0Smse¢}. The norlmll/ed

tr•ces for 4 pilot probes _re shown In figure 3B

We then discard the first 0. Smsec of the trace

which contains the startln_ pulse and soasure the
mean value over the next O. Sllec. This mean

value, together with an estimate of Its variation

over the test lI_ is plott_i as a single Point on

the pltot pres:u- profile.

Fllure 4 shows pltot profiles for • nominal

stasnstlon pressure P = 13Ni_ and three

enthelples Hs = 16, 8.8 and 6.61'L I/k41. There Is

some fall-off at the edge of the core flow but

this Is due to the _xpanslon ran froa the traliln4
edge of the nozzle propagatin 4 Into the test flow.

The perforsonce of the nozzle appears to be

satisfactory but we cannot Imasure how parallel

the flow 1• because the pilot probes are

Insensitive to smell change• In flow lull1•.
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Ftl_re 3. Pressure-time traces for the M • 4

nozzle Ps " 1314Pa. Ms - IbiS/k4.

A, "[_aw" stalhatlon _ p|tot pressure.
S, Mormellzed pilot pressure.

IIA_ t0 Ig]_lZ.

The stxrt/nt process for the flew in •

by_rDo_Ic Dazzle involves the propa4ation of
primary and meco_lary I_ock vires Imd an v_stemdy

expmmlon throu_ the nozzle. SaIU_ (1966) has

sbo_m tJ_t the time, t s. required for the flay to

Iqq_roacb steady state Is doalnated (In general ) by
time t_ken to mmep the upstreu he_d of the

Ilnstesdy e_a|on out of the _ozzle. For conical

Dazzles with fixed divergence addle, t s Increases

rapidly vlth M. To reduce t [amd hence reduce
B

tl_ imo_t 04" ps consuaed 1_ the starting

process) for a nozzle vlth lsrlff M, t_ By
lncreaN the divergence angle o£ the Initial
conical Bectl¢_. Movever, If t.be an41e Is too
large, the fl_ rill separate.

We viii am* describe a _oZIle with N - IO

and a two-stm4e initial expansion desll_ed to

Ovoid flc_ separation. ImN<ilately after the

throat (dlmter d = 6am), _he pS ls expanded
through s cone vIth a lS kalf-a-_gle. Frol

previous experience, this was the larllest
dlvsrmence that t_uld give reosmnably u_lform

flo_. Startln4 st 2d._ the half-a_lle Is
IAcrsmented a fm'therX5 _ _xn 1" steps) over the

aext gd. The resulting co_lcal section (20"

half-emilio) is then tr_mcated further 4otmstrslm
(st x - 47.7m) a_d a contoured motion added to

straighten the flo_.

_his contoured mectio_ Will deSI_ In n_tch
the same way as that for the N - • _ozzle but st

seminal coaditions Ks - 35)U/k4 (T s - i1000K) and

O.t C,

°:t-
.,_S

I I II II l i Pl l I lid

II

I

0 65
r (Is)

YJ41m'e 4. Pilot pressure profiles for the H = 4

nozzle. Ps " 13Npa, Ha - lZOm.

A. Hs = 6.i_J/Iql

O. Ms - g. lla¢.],r_4

C. Hs = 151,U/k4

Pa • 301_a. _ via used to coN_te g • 3.69

and • - 1.41 st the start of the contoured

I_-ctl_. This relatively hish val_ of I Is a
result of the large fractlon of _nat_Ic species

fom_l st the end of the conical expe_lc_.
Coordi--,tes for the coaplste contour are llwm In
table 2. No boundary layer aodlflcatIon tms mMed
to these lnvlscid coordinates. To reduce the

leith of the fabricated nozzle vlthout sffectl_
the usable test core. _ trtmcsted the nozzle at
the z-statlon _ere the cherecterlstlc CD

intersects the estlmmted position of the edge of
the boundary layer. Decause of the terse exit
l_ch mmber, the fabricated nozzle v_s much
shorter (I - 1036-') than the full lnvlacld
contour (J = l"rT?mm).

C_lit_stl_m of tk,e _ 10 lioz_le.

As for the N = 4 nozzle, the psrfor_nce of
the H - 10 nozzle tms evaluated by usrm'l_i the
pitot pressure downstream of the Dazzle exit

plume. Figure S shows pilot profiles for two fl_
condltloes. Profile k (P - ZOIG_, R - 301,t,.1/'nr,,_)

S S

i_dlcates that the nozzle la not perforalrtg _ll

tad my even have • conical shock present In the
flow. I_ performed salsa finite- difference
conputatIons _ith • parabollzed lksvier- Stokes
progT_a _md obtained sisllar pltot profiles t_en a

tms present. Profile B (z • 369_m) shows s

heater profile, possibly because the shock has
passed out of the test _lov core st this axial

position. The expos|on proptgati_l fr_ the
trsIli_l _ of the nozzle h_s reduced the
disaster of the test core st this Ulal position.

We _te also that the normalized pttot trices for
this condition ch_n4ed contlnucusly through the
test time. This Indicates that the bomld_ry
layers on the nozzle wall did Dot reach steady
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etate.

Operating the _ozzle •t higher presaure (sa_e

profLle C. Po " 401_a) significantly Improves the

flow uniformity but there 1• •till a depres•lon in
the centr4 of the pltot profile. Me au•pect that
thl• lmprovqment in nozzle performance Is • re•ult

of rod•clUB the bom_i•ry Layer that Brows el•hi
the nozzle wail. For profile• k and C. we

o•tilte Ube total boundary lay_er thlckne•• •t the

bow_lary layer I• lqlnAr. A••_Ithl that
dlsplaceuent thickness 8 • 0.33 8, the effective
area ratio of the nozzle Is reduced from the

deellp_ valme 2290 to 1450 _ 1680 for profiles A
and C respectively. Values of pitot pressure
computed wtth _ for these effective area

ratio• are shown as dashed lines In figure 5.

In com,:luslon, it appear• that our desllp_

approach I• satisfactory for hyperveloclty nozzl6•
with moderate exit Mach number. However. nozzles

vtth ht_ va|me• of exit Nach number need to be
operated at sufficiently high pressure to ensura
tl_t their bo_md•ry layer• do not dt•turb the core
flow.

We wish to thank Dr. Peter Klllen and Ken

Dud•on for con•tructlng the N - 10 nozzle. Denis
Sulliilch for constructtNI the N = 4 nozzle and

Craig _esclaninl for performlnl finite-
difference calculations of flow In the M = 10

nozzle. This work was supported by ARC and NASA

{under grant MAGW-674).

Figure S. Pltot pressure profile• for the N • 10
nozzle. The dashed lines Indicate the

kIENZ_ computed level wlth &'/4 • O. 33.

A P• - 20Npa. He = 3_U_g, z • 139mm,

B Ps • 20Hpa. Hs = 30NJ/k8, z = 369ma.

C Ps " 40tlpa. Hi = 2_U/k l. z - 1391a
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Table t.

x Ira)

Coordi_tes for the H = 4 lnvl•cld
contour. Points with x a 98.-. •re

knots on a cubic spLlne.

rlnvisctd(am) comment (slope)

0.0 12.5
9_43 33,43

157._8 44.45
216.54 52.79
27559 sg. sb
334.65 62.30
39370 64.66

45276 6588
511.81 66.07

Table 2.

x (m]

start of 12 cone
• tart of contour (0.2126)

end of contour (-0. 0048}

Coordinates for the N - 10 lnvlsctd
contour, Points with x a 4?1 are

knots on • cubic spllne.

rlnvlscld(-,,) comment (slope)

0.0
120
15.0
180

210
24.0
67.70

296.78
541
788.93

1036. O0
1283. O8
1530 16
1777.23

3.00 start of 15" cone
6.24 end of 15" cone

?. 09
8.03
9.00

10.03 start of 20" cone

18 66 start of contour (0. 3660)
74.51

104.66

121.57
i 32.76
139 13
162.44

143.55 end of contour



REAL GAS EECTS iN HYPERVELOCITY FLOWS ovER AN INCLINED CONE

by
R.M.i_ek

I. INTRODUCTION

Pressure mad heat transfer measurements obtained from experiments on a

cone with a half angle e = 15° at angles of incidence _ = 0 ° mad 15 = 30 °, in

a hypervelocity flow with a nominal Mach number of 5 are presented. Three

stagnation enthalpies were used, Ho = 6, 28, mad 36 MJ/kg. The pressure

results agree reasonably well with Newlonian theory, Taylor-Maccoll theory

mad with detailed three-dimensionai calculations when the flow is frozen.

Pressure measurements at high enthalpy indicate unresolved effects of

enthalpy on the leeward flow. Heat transfer results are also given mad are

compared with theoretical values for zero incidence. The data derived from

the 30 ° incidence experiments, show the same trends as the pressure

distribution around the cone.

The aim of this project is tmderstmad the basic dissociation phenomena

which occur in three dimensional high enthalpy flows. A simplified model

consisting of an inclined cone in a hypervelocity flow of pure Nitrogen is

used. Experimental study of this flow at sufficiently high enthalpy should

provide insight into the interaction between nonequilibrium dissociation

chemistry and hypervelocity aerodynamics, mad thus help to evaluate the

influence of real gas effects on the pressure mad the heat transfer

distributions on the cone.

The expected structure of hypervelocity flow about an inclined cone is

shown in figure I. The conical bow shock is of greatest strength at the

windward stagnation plane but weakens with increasing azimuthal angle @. If

the angle of incidence i_, is sufficiently large, the flow in the plane normal
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to the cone axis is supersonic. As the flow expands around the cone surface,

the fluid may be expected to first accelerate, and then decelerate as It

approaches the leeward plane of symmetry. The pressure recovery required at

the symmetry plane requires a pair o£ cross-flow shocks. Owing to the strong

entropy gradients along these shocks the vorticity of the shock-processed

flow is greatly enhanced, with the resultant formation of a complex

three-dimensional flow containing one or more pairs of strearnwise vortices,

and possible shock induced separation from the cone surface. This flow

structure is essentially inviscid (see Marconi 1989) but will be modified by

the presence of shock induced boundary layer separation. We note that for

frozen flow at low enthalpy, (le. constant _'), the approximately conical flow

will contain no dominant length scale.

2. EXPERIMENTAL PROCEDURE

The experiments were carried out in The University of Queenslands T4

free piston shock tunnel which is capable of achieving the high temperatures

and thus the enthalpy conditions which are experienced during reentry. A

Nitrogen test gas was used to further isolate the basic dissociation chemical

reactions which occur at these high temperatures. The expected freestream

conditions in the test flow for the three enthalpy conditions are presented

in Table I below.

H o T P p,, u Machm _ m

MJ/kg K kPa kg/m 3 km/s N °

_' Gt
m

6.42 775 5.88 .0256 3.35 5.84 1.4 ~ 0

28.0'2560 9.92 .0099i5.67 4.79 1.38 .140

36.0'3518 10.05 .0076 6. I"7 4.49 1.44 .268

Table I Freestream Conditions in Test Section
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The cone used for the experiments had a half angle • - 15 ° and an axial

length 180 nun. The instrumentation on the cone consisted originally of ten

Entran pressur_ transducers and ten Pt-PLRh thermocouple heat transfer

gauges. Both the pressure transducers and the thermocouples were mounted in

rows of five l_auges each, with the rows equispaced around the cone. The

arrangement of the cone and It's instrumentation is shown in figure I. Due

to pressure transducer problems, we were only able to obtain five gauges that

operated satisfactorily.

3. PRESSURE RESULTS

The results from the calibration experiments at a = 0 ° are displayed in

figure 2 which show plots of Pc/Pplto t versus cone position for the

conditions with Ho= 6.42 IdJ/kg and Ho= Z7.98 MJ/kg. The experiments are

compared with Taylor-Maccoll solutions, for which an appropriate value of

is required. For the equilibrium case, it was found that the flow is

vibrationally frozen, and that we can take _ = 1.4. For Ho=28 MJ/kg, the

flow is relaxing vibrationally and we take _ = 4+o./3, assuming ideal

dissociating L,as behaviour. Figure 2a shows that the measured PcAPplto t

agrees quite well with the Taylor-Maccoll solution when Ho= 6 UJ/kg. The

average of the experiments differs by 57. from the Taylor-Maccoll theory. For

the non-equilibrium case, figure 2b, the average value of the pressure

signals is 22Z below that of the Taylor-Maccoll value. Apart from the

discrepancy in figure 2b, it can be seen that the pressure on the cone

surface during the experiment at zero incidence, for both enthalpies is

approximately constant along a ray.

Now coesider the results obtained from experiments for a = 30 °. Figures

3-5 show plots of pressure in two forms, I) l%/Pelto t ,and 2) In(PJP )
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verses ¢ at each or the flve measuring stations, for Ho,, 6, 28 and 36 MJ/kg,

respectively. The experiments are compared with the New_onian estimate for

pressure, which in the hypersonic limit snd assuming perfect gas behaviour.

is given by.

Pc_P = TMZ(sin 0 cos B + cos 0 sin B cos @)z + I. (1)

Figure 3 also shows results obtained From detailed three-dimensional

calculations performed by Macrossan et al (1989), and these compare

favourably with experiments. For all enthalpy cases it can be seen that the

Newlonian value or pressure for the first 60 ° of the windward surface is

higher than the values derived from experiments (figures 3b-Sb).

The main aim or this project is to investigate the effects of real gas

chemistry on the leeward surface of the cone. From figures 3a-5a it can be

seen that the data provides some evidence that cross-flow shocks are

occurring on the leeward surface, as suggested in figure I. The cross-flow

shocks occur at about @ = 150 °, but the resolution or the plots and the

reliability of the pressure gauges make any conclusive quantitative

assessment of the results difficult. It is proposed that further experiments

on the leeward surface of the cone be conducted using more sensitive pressure

gauges, and that a finer survey of the leeward surface be taken. This should

allow accurate measurement of the azimuthal position of cross-flow shocks.

4. HEAT TRANSFER RESULTS

As said above heat transfer was measured via the use of Pt-PtRh

thermocouples. Calibration of the thermocouples independent of the

experiments proved impractical, thus the thermocouples were calibrated by

scaling the gauge measurements for heat transfer to the cone surface at zero

incidence, and in low enthalpy flow, to the predications of Eber (1952).

From Eber's laminar boundary laminar analysis, the heat t_'ansfer at a
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distance x from the apex along the cone surface may be expressed as

st=. o.svs (2)

where St=, Re x, and Pr are the Stanton number, Reynolds number, and Prandtl

number respectively and are based on freestream conditions.

Knowing the theoretical values for the heat transfer we are able to

calibrate the experimental data. Figure 6 shows the heat transfer data

plotted in terms of St verses Re, for the three enthalpy conditions and are

compared with their respective theoretical values. Figure 6a is the

equilibrium case from which the calibration factors can be determined for

each individual thermocouple. Figures 6b and 6c are the two nonequilibrium

conditions, from which it can be seen that calibrated experimental data are

higher than the theoretical values.

The data obtained from experiments performed at B = 30 ° are normalised

with the zero incidence data for each enthaipy condition. Figures 7-9 show

St+/$t¢¢=o verses @, for He= 6, 28, and 36 MJ/kg respectively. These figures

show a decrease In the heat transfer until there in a local minimum at about

@ = 150 °, with a rise in the heat transfer to @ = 180 °, similar to the

pressure distribution around the cone. This again suggest the existence of

separation and counter-rotating vortices occurring on the leeward surface.

As with the pressure data the resolution of heat transfer is not sufficient

to establish any quantitative arguments of the leeward surface.

S. CONCLUSIONS

The pressure and heat transfer results presented compare reasonably with

their respective theories. Both the pressure and heat trans£er suggest the

existence of crossflow shocks on the leeward surface, but more detailed

experiments are required. The experiments that will be conducted will have
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more sensltiTe pressure transducers and thinfilm heat transfer gauges to

investigate a finer survey of the leeward surface of the cone. From these

experiments we shall be able to pinpoint the crossflow shocks and determine

the effects of varying enthalpy on the crossflow shocks. A further use for

the thinfilm gauges is to compare actual experimental data with theory at

zero incidence and to calibrate the windward thermocouples.
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SHOCK TUNNEL DEVELOPMENT (Supplementary Project)

R.J. Stalker and R.G. MorEan

Raising Operatir_ Pressures

A major target of the 1989 program was to raise the operating pressure levels

of The University of Queensland shock tunnel T4. Specifically, this meant

raising the pressure after shock reflection at the downstream end of the

shock tube - i.e. at the nozzle entrance. With a free piston shock tunnel,

this can be done in two ways. Either, by operating at a high driver gas

volumetric compression ratio, a high main diaphragm burst pressure. The

Page-Stalker effect {i.e. the loss of pressure at shock reflection in the

driver gas at the downstream end of the shock tube}, then causes the pressure

at the nozzle entrance {nozzle stagnation pressure) to be reduced. Or, by

operating at a lower driver gas volumetric compression ratio, and a lower

diaphragm burst pressure. The reduction in the Page-Stalker effect then can

allow similar nozzle stagnation pressure levels to be reached.

In both cases, the pressure driving the piston remains the same, ensuring

that the same energy is imparted to the driver gas during the compression

process. The first method has the advantage that longer test times are

obtained at a given stagnation enthalpy. The second method has the advantage

that lower peak pressures are produced in the apparatus.

Tests were made to compare the operation of T4 in the two modes, and

resulting nozzle stagnation pressure records are shown in Fig. 1. Record A

was obtained with a main diaphragm burst pressure of 170 MPa, a driver

volumetric compression ratio of 120 and a piston driver reservoir pressure of

8.3 MPa. Record B was obtained with a main diaphragm burst pressure of

86 MPa, a driver volumetric compression ratio of 60, and a piston driver

reservoir pressure of 8.9 MPa.

It can be seen that the nozzle stagnation pressure for B is a little higher

than for A, even though the main diaphragm burst pressure is only one half of

that for A. Thus a given nozzle stagnation pressure is produced with much

lower peak pressures in the apparatus.

The number of flow passes over an 0.5 m long model also is shown in the

figure, together with the estimated time at which contamination by driver gas

occurs. The stagnation enthalpy for A was 27 MJ/kg, whilst that for B was

13 MJ/kg (the test gas for A was nitrogen, and that for B was alr, but this

does not influence the operating characteristics under discussion) and it can

be seen that approximately the same number of flow passes takes place before

contamination In each case, in spite of the fact that increasing stagnation

enthalpy with given driver conditions reduces the time for contamination.

Thus, changing the driver conditions by raising the diaphragm burst pressure

and the driver volumetric compression allows operation at high enthalples

without reducing the effective test time.

It might be noted that the higher diaphragm burst pressures are associated

with conslderable technical problems. For example, the high pressure

stainless steel diaphragms which are used do not "petal" cleanly, and

fragments of the order of 10 to 20 mR in diameter tend break away, to impact

the downstream end of the shock tube, or to pass into the nozzle. The steel

high pressure plate of the entrance to the shock tube tends to ablate, and

the high stresses induced in the nozzle by hlgh shock reflectlon pressures

cause deformation of the surface contour. Although all of these are problems
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can be solved by the appllcatlon of time and technical effort, they are
nevertheless a practical discouragement to high pressure operation.

Hypersonic Combustion

The purpose of raising the tunnel operating pressure levels was to make it
possible to produce reasonably vigorous, hypersonic combustion of hydrogen
fuel. Wlth the pressureswhlch were achieved, it was considered that it may

be necessary to increase the combustion duct length in order to allow an
adequate streamwise distance for the combustion to develop. Accordingly, the

long duct designed for the scaling experiments (see "Pressure-Length
Correlations in Supersonic Combustion") was used. The intake was modified to

allow effective "direct connect" operation, rather than the expansion after
the intake which is shown in Fig. 2 of the above report, and the same central

injection strut was used.

Static pressure distributions along the duct are shown In Flg. 2. Tests were

conducted not only with hydrogen, but also with ethane, as fuel. Although

the wave structure resulting from the modified inlet somewhat confuses the

display of results, the clear cut increase in static pressure, amounting to a

factor of two , which is achieved when air replaces nitrogen as test gas is

evidence that combustion is taking place. It is Interesting to note that

ethane produces combustion pressure increases which are only a little below

those experienced with hydrogen.
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Inthe earlypart of 1989 the work on the analyticalpredictionsof testgas

flow conditionsfor an idealdissociatinggas and an ionizinggas in an expansion

tube was continued. The work continued to the pointwhere the simulationwas

shown to work forlow enthalpy flows but was stillhavingproblems with the high

enthaipy flows.

The program is driven by the input of the initial fill pressures in the shock

tube and the acceleration tube and the measured shock speeds in the shock and

accelerationtubes.The calculationprocess is set out in flow chart form in

FIGURES I & 2. The governing equationsforthe flow processeswere setout in

lastyear'sreport.

Initialcalculationswith the program usingthe expected end velocity

from I - D perfectgas calculationsreturned a negativevalue of a finalindicating

thatfullrecombination had ocom'ed duringtheexpansion process.Substitutionof

a = 0 intothe velocityexpression confirms this.That isitconfirms thationisation

willfallto approximately 0 before the expansion process iscomplete and the end

conditionsare reached. The point where thisoccurs is designated the point of

transition.

Itis necessary to findthistransitionpoint,but as the exact isentropic

relationfailsfora zero levelof ionisationitisrequired to findthe finitebut very

small levelof ionisationwhich when reached during the expansion can no]onger

contributeto the flow energy.
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This transitionlevelisfound by varyingCEfln01and observingitseffecton

the final.TestGas pressure PT.Thispressure can be found by relatingthe gas flow

conditionsthrough the unsteady expansion from the secondary diaphragm but

alsoby relatingconditionsback acrossthesecondary shoclcThisispossiblebecause

by physicalconstraintsthe pressureson eithersideof the accelerationgas/testgas

interfacemust be equal The testgas velocityissimilarlyconstrainedtothe velocity

ofthe accelerationgas behind the secondary shock.

The relationsused to findP4 and Lidare

P4 = P3 (2 Y Ivl2"f+l "/+'111y

where  :M3- M4

The expansion process isthus dividedintotwo stages.A realgas model is

used to relatefrom the beginning of the accelerationtube through the unsteady

expansion to the transitionpoint at which the levelof ionisationhas reached a

finalneglig1blelevel,then a simple perfectgas model isused to relatethrough to

the end ofthe tube.Sincethe gas atthisstagecan be considered to be behaving in

an idealmanner, using the shock speed and the quiescentaccelerationgaspressure

the conditionsbehind the secondary shock can be found usmg I-D shock relations.

_69



2

SECONDARY

DIAPHRAGM

TRANSITION POINT

i I P I
, i I

I I !I T
i

r . Ii
El

I

Real Gas PerfectGas

behaviour behaviour

q
i
#
l

4 I 3
S

These relationsgivevaluesofvelocityand pressureinthe regionbehind

the secondaryshock i.e.U4 and P4.By physicalconstrainttheseareknown to be

equalto thevelocityand pressureof the testgas thatliesbehind thesecondary

contact surface.

Inthe caseof Dissociatinggas the same techniquethatwas used in the

ionisationcaseisfollowed.Thisisbecauseonce againitisobservedthatwhen the

levelofdissociationissetto zerotheresultingvelocitydoes not correspondwith

the known testconditions,itistoo low.The flowprocessisdividedintorealand

idealgasstages,withthechangeoccurringatthetransitionpoint.
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The equations are setup and the value of the finallevelof dissociationis

adjusteduntilthe testgas pressure PT matches the accelerationgas pressta'eP4 at

the gas interface,givingthe end flow conditions.

These two models allow the prediction of the flow conditions of the test gas

at the end of the acceleration tube given the initial fill pressures and the observed

shock velocities.The models assume thatan equil_rium flowprocess isoocuring.

A comparison ofthe measured and predictedflowconditionsfora low

entha|py dissociationshot usingArgon drivergas are as follow

AIRTESTGAS

ACCELEKA'rIORIJBE

Shock Velocity (m/s)

TEST FLOW

DissociationFraction

StaticPressure (Pa)

Pitot Pressure (kPa)

Density (kg/m 3)

Temperature (K)

MEASURED

4O0O

5158

23O

PREDICW.D

5170

194

[10197

912

While the agreement has been good for low enthalpy test conditions, as

yet the program has not been ableto match staticpressuresforthehigh enthalpy

shots The program isbeing modified to account forthe likelyhoodthat total

recombination does not occur forthese conditions.
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To assist in the calibration of the simulation programs an adapter sectx_

with a sta'oc ]:m_sure probe was added to the end of the acceleration tube. This

transducer allowed the measurement of the static pressure for the duration of the

flow process providing furtherevidence of the steady stateof the testflow as

shown by the fiattraces.(FIGURE 3)

It was alsoproposed to use the laser intefferometer originally set up by Dr

T. Posmico at the beginning of 1989, to measure the density changes in the flow

and thus determine the free stream density of the test gas.

The laserinterferometer(FIGURE 5)passes two parallelbeams from the

same source through the test section. One beam passes through the test flow

exiting the end of the acceleration tube while the other does not. The beams are

opticallyrecombined and made to interfereon a lightdetectingdiode.The change

m intensityofthe combined beam can then be relatedto the change indensityof

the testflow.

The system works on an infinite fringe pattern where

Fringe shift N=p PS (Liepman & Roshko)

where L=

ps =

pl=

p2 =

lengthof flightacrossthe testsectionwhich inthiscase

isthe width ofthe jetofgas exitingthetube.approx 32 mm

wavelength ofthe lightsource i.e.the He- Ne laser 632.8nm

densityofgas atstandard temperatureand pressure.

initialdensityof accelerationgas

densityof gas behind the shock
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The lasermlerferorneterwas shown to be able to detect the arrivalof a

shock and qualitativelyshow the density change in the flow (FIGURE 4). The

problem came when itwas attempted to quantifythe densitychange observed.

The diode lightdetector outputs a voltage proportionalto the intensityof the

interferingbeams. For an infinitefringepattern the intensityvanes smusoidally

with fringeshift.

Le. Intensity= a + b sin(N + 0 )

Hence to calibrate the mterferometer the starting point must be known and

the maximum full scale change in intensity must be determined. The only way to

determine these constants is to cah'brate the system with a known density change,

The electronics will only respond to a very high speed change of the order of time

scale associated with flow in the tunnel.

The tunnel was firedin shock tube mode in a seriesof teststo provide

known high speed densitychanges, but itstillproved inadequate to determine

the requlredconstants.Itwas decided thatcalibrationof the system isimpractical

interms of time and effortat thisi_me but ifan accurate and simple method of

calibrationcould be found then the lasermterferometer would be a usefulnon-

intrusivediagnostictool.
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SUMMARY OF SOLUTION METHOD

SHOCKTUBESECTION

User inputsobserved shock velocityinthe shock tube

and initialfillpressure inthe shock tube

User inputsinitialestimate 2 (or x2)

Solvethe quadraticfordensityratio

P2
Calculate

T2
Calculate

and thus P2 using

and thus'I"2using

Substitutevaluesintolaw ofmass action

and finderror

Adjustvalue ofc_2to reduceerroruntilitisacceptable

Using c_2 calculateotherconditionsattheend ofshock tube.
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ACCELERATIONTUBESECTION

IV"

User inputsobserved shock velocityinaccelerationtube

and initialaccelerationtube fillpressure

User inputsinitialestim of (_firmi (xfinoI)

CalculateU4 and P4 usingidealI- D shock relations

setUT = U4

Calculatethe gas velocity,sonicspeed and gas temperatureat

transitionpoint

Calculatepressuresusinglaw ofmass action

CalculateAT, TT, PT usingidealunsteady expansion relations

Compare PT and P4

P

Adjust (_final and repeatunt11PT and P4 match

Have end flow conditions
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DISTURBANCES IN THE DRIVER GAS

OF A SHOCK TUBE

A. Paull and R. J. Stalker

Mechanical Engineering Department

University of Queensland

I. Introduction

It has been observed (Stalker) that expansion tube test times are limited

at low enthalpies by large regular disturbances which disrupt the centreline

pitot pressure. Previously, these disturbances have been attributed to

bubbles which are mixtures of driver and test gases and which are less dense

than the test gas. However, laser interforometry experiments (Possilico)

which measured test gas density at the expansion tube exit detected a much

smaller density change than was expected for a large bubble. This indicates

that either, the bubbles are elongated in the flow direction or, more

fundamentally, the bubbles do not cause these disturbances. In this report

it will be assumed that the latter is correct and an alternative theory which

is based on longitudinal and lateral waves is developed which is expected to

explain the structure of the pitot pressure disturbances.

It has been observed that similar disturbances exist in the test and driver

gases following a shock in a shock tube. It is believed that a model for

these disturbances could be used to determine test time limitations in the

more complex flows of an expansion tube. There are advantages of analyzing

shock tube flows rather than the flow from an expansion tube. The primary

advantage is that shock tube flows are not accelerated by the unsteady

expansion centred at the secondary diaphragm of an expansion tube_ This

reduces the complexity of the flow history and thus reduces the possibility

of additional unknowns distorting the fundamental problem.

This report describes the disturbances which are observed in the driver gas

of a shock tube.

2. Experimental Description

This report centres on a series of tests in which the exit wall pressure and

centreline pitot pressure where measured in a shock tube (see figure I). The

shock tube was 5.435 m long and has an inside diameter of 38 mm. A free
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piston driver was used to heat the driver gas.

Throughout the experiments the driver conditions remained the same. The

filling pressure of the reservoir behind the piston was 3.4 MPa and the

compresslon tube was filled with helium to 130 kPa. The helium driver gas

was compressed to rupture a Imm cold rolled mild steel diaphragm at nominally

34.5 Mpa.

Shock speeds were varied between 2.4 km/s and 6 km/s by altering the shock
_9. _.

tube filling pressure between 320 mm^and 5 mm_respectlvely. The shock tube

and dump tank were filled with undrled air extruded from the atmosphere.

Shock speeds were measured with ionization gauges stationed at five locations

as shown in figure I.

Wall pressure was measured 15 nun from the shock tube exit and the pitot probe

leading edge was positioned centrally approximately 5mm from the shock tube

exit. The pitot design is shown in figure 2. For all experiments each analog

signal was sampled every microsecond.

3. Results and Observations

Figure 3 displays the pltot pressure as a function of time measured for

different shock speeds. Figure 4 displays the corresponding wall pressure

records and table I displays the shock speeds calculated from the time delay

between excitation of neighbouring ionization gauges. A typical record from

the ionization gauges is shown in figure 7. The predicted driver-test gas

interface location is displayed in figures 3 and 4. This prediction was made

using turbulent boundary layer entrainment theory (Mirel). The shock speeds

where assumed to be that observed between the two ionization gauges closest

to the diaphragm.

Verification of the repetitiveness of these results is given in figures 5 and

6 where the the shock tube filling pressures of 5, I0 and 20 mm were

repeated. In these experiments a more sensitive wall pressure gauge was used.

In can be seen that the results from these series of experiments are in

reasonable agreement with each other.

Three features of the unsteady nature of each pair of wall and pitot traces

should be observed.

(i) A sharp dip is sometimes observed in the pitot pressure in the vicinity

of the interface.

(ii) At the higher shock speeds the pltot pressure mean does not follow the

wall pressure mean.

(Iii) The pltot pressure has well defined oscillations superimposed on its

mean, but the oscillations in the wall pressure are not as pronounced.
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The thlrd feature Is belleved to be a fluid mechanlcal feature and Is not the

result of stress waves In the pltot probe. This was verlfled wlth an

experlment in whlch the tapplng to the pltot pressure transducer was blocked.

Vlrtually no vibrational nolse Is detected from the pltot pressure

transducer.

3.1. The Interface

The predicted interface lles close to the dlp or a point where the nature of

the pltot pressure traces changes. It will be seen from the theoretical

results discussed later that in addition to a mean pltot pressure change due

to the difference between the drlver and test gas densities, there wlll also

be a change In the frequency and amplitude of the oscillations across the

interface. Thls informatlon has been used and the most likely interface

positions are shown in figures 3-6. Ideally to the left and right of the

interface the gases are air and helium respectively.

3.2. The mean trend

From figure 4 it can be seen for a shock tube filling pressure (P) of 5 mm
i

that after the observed driver-test gas interface the wall pressure rises

steadily. The gradient of this rlse becomes less as P is increased until
$

P = 80mm where there is no rise. If P is greater than 80 mm the wall
S m

pressure falls.

Not every aspect of this trend is seen in the pitot pressure record. For

Ps= 5mm, the pltot pressure rises rapidly after the interface and then rises

slowly {if at all) for the remainder of the trace. This trend is repeated

for P,= lOmm and 20mm wlth the rise in pltot pressure being less dramatic as

the shock tube filling pressured is increased. An interesting result occurs

at Ps= 40mm. At thls filling pressure, after the interface, the pitot

pressure falls as the wall pressure rises.

It can be seen that the long term overall trend is for the pltot pressure to

have a lesser gradient than the wall pressure.

3.3. Oscillation features

Oscillations can not be seen In the wall pressure traces of figure 4 at the

higher shock speeds. It is only when the disturbances are extreme at the

lower shock speeds that oscillations appear In the wall pressure. Thls Is

partially due to the insensitivity of the gauge used. In figure 6 where the

sensitivity of the wall pressure gauge was approximately twenty five greater

than that used for figure 4 it can be seen that high frequency oscillations
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do exist at the higher shock speeds, however, these oscillations are still

small compared with those observed in the pitot pressure.

The oscillation frequency increases with shock speed and at the three highest

shock speeds the high frequency oscillations are superimposed on a much lower

frequency disturbance which has a period of approximately 250 _s.

4. Theoretical Results

In this section a model based on longitudinal and lateral acoustic waves is

developed which is consistent with the oscillatory nature of the flow. In

addition, it is shown that identification of the compression following the

dip with an unsteady expansion travelling upstream can explain the different

trends observed between the pitot and wall pressure records.

4.1. Acoustic waves

Acoustic disturbances are those in which the sound speed remains constant to

first order. If the velocity and pressure are perturbed about a mean value

then it can be shown (Whitham) that to first order there exists a potential @

for which

u = V@ (4.1)

a@
P = Po- Po _-_ (4.2)

-2 8@
P = Po- Po c 8_

(4.3)

2 p, Po
c = (Po) = 7

Po
(4.4)

where _,u ,P,p c and t are the specific heat ratio, velocity, pressure,

density, sound speed and time respectively and subscripts "o" refer to the

condition which is being perturbed. The spatial origin is stationary with

respect to the mean flow so that the unperturbed velocity is zero. From

conservation of mass and momentum it can be shown that @ obeys the wave

equation

(4.5)

If a change of origin is made and is fixed with respect to the shock tube
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then (4.1) is rewritten as

u__= _%+ re. (4.+>

From (4.2), (4.4) and (4.6) and the R_ lelgh Pltot pressure formula it can

be shown to first order In the derlvatlves of _ that for supersonic flows the

pltot pressure Is

(4.7)

where the positive z-direction is in the unperturbed flow direction (u = ).

The term containing the derivative with respect to time is the contribution

due to pressure fluctuations and the term containing the derivative with

respect to z is the contribution to to velocity fluctuations.

4.2. Wave equation solutions

In this section solutions of the wave equation which have the properties

observed in the experimental results are obtained. It will be assumed that

the shock tube is cylindrical with an inside diameter of 2a. Let (z,r,8) be

cylindrical polar co-ordinates fixed in a frame of reference in which the

unperturbed gas is at rest. At the shock tube wall it is assumed that there

is slip but no penetration so that

a__ (z,a,e,t) = 0.
8r

(4.B)

Solutions of the wave equation obtained by separation in the z,r,8 and t

variables and which are single valued, periodic in time and finite at r=O

have the form

¢ = Jm(Anr) el(wtt_n z±m8) (4.9)

where m and n are integers,

(4.10)

and J. is an m th. order Bessel function of the first kind.

condition (4.8) is imposed on (4.9) then this requires that

If the boundary
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t

J-'(_a) = O. (4.11)

Hence, Ana'is the n th. root of (4.11).

Any mode or any combination of modes given by different values of m and n may

exist, however the properties of most of these modes will not fit the

properties observed in figures 3-6. For example, if mzO then the m th. order

Bessel is zero at r=O, however, experimental results show that the centreline

pitot pressure is not less, but considerably larger than the wall pressure.

The only solutions of the form (4.9) with this property are the zero th order

(m=O) Bessel function solutions. The zero th order Bessel function has its

largest maxima at r=O (figure 8) and oscillates to zero as r approaches

infinity. If it is therefore assumed that the required solutions have m=O

then as -J1 is equal to the derivative of J0 it follows that An= Zn/a, where

Zn is the n th zero of 31 which are available from tables (Abramowitz).

If n=O then A is zero (as Z 0 is zero) and solutions are strictly dependent on

z and time. Solutions of this form will be referred to as longitudinal waves.

In contrast to the zero th order mode all other solutions have a radial

dependence and thus will be referred to as lateral waves. A first order

lateral wave has n=l and An=3.83/a. Pressure contours of this mode in the

(z,r) space are plotted in figure 9. Higher order lateral waves may also

occur, however, at this stage studies will be restricted to the first order

lateral waves and the longitudinal waves on the grounds that more energy will

be needed to excite higher order modes and therefore the lower order modes

would be excited first.

4.3 Pitot pressures of longitudinal and lateral waves.

From (4.7) it can be seen that if a disturbance is travelling in the flow

direction (#=@(z-ct)) the velocity fluctuations enhance the pressure

fluctuations to give a larger percentage fluctuation in pitot pressure than

would be seen in the wall pressure. If the disturbance travels upstream the

effect on pitot pressure due to pressure fluctuations is decreased by the

velocity fluctuations.

If the peak centreline pressure fluctuation is PI then from (4.2] and (4.9)

along the centreline

= -i P-_ ei._ttrnZ)fR
Po _

(4.12)

Hence. the magnitude of the centreline pitot pressure fluctuation is
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; 2c2H - 1) B ]
_o (4.13)

where the Math number M = Uo/c and

(4.14)

If _'=1.667 then the coefficient

(4.15)

is equal to one for M = 1.8. In the case of a longitudinal wave Bo is equal

to one, hence, since in the experiments described here the driver gas Math

number is less than three the contribution from longitudinal wave velocity

fluctuations to the pitot pressure fluctuations is comparable to that from

the static pressure variations. If a longitudinal wave is travellln E in the

flow direction then the terms bracketed In 4.13 will add and the pitot

pressure fluctuation will be approximately double the static pressure

fluctuation. If a longitudinal wave travels upstream then the bracketed

terms will subtract, hence, it will be difficult to detect in the pitot

pressure.

In the case of a lateral wave less precise statements can be made due to the

variation of the dispersion term Bn with w/c. In general it can be said that

if a longitudinal and lateral wave had the same amplitude then the pitot

pressure fluctuation observed for a lateral wave travelling in the flow

direction would be less than that of the longitudinal wave because Bn<l.

Furthermore a lateral wave travelling upstream would produce a greater pitot

pressure fluctuation than the longitudinal wave travelling upstream.

It can also be seen for constant Math number that as the sound speed

decreases a lateral wave will produce a greater fluctuation in the pitot

pressure. This may be important in the application of acoustic wave theory

to the flow in an expansion tube since a reduction in the sound speed across

an expansion will tend to increase the relative importance of the lateral

waves.
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4.4. Doppler shifts

If the change of origin

x = ut ÷ z {4.16)

is made so that the origin of the (x,r,t) space is fixed with respect to the

shock tube then the coefficient of the exponent in (4.9) with m=O is

(4.17)

Hence, a Doppler shift occurs in the frequency due to the velocity of the

gas. If a wave is travelling in the direction of the flow (the positive

x-direction) then the frequency is increased to _ + u_ n. However, if waves

are travelling upstream then the frequency decreases to _ - UBn. It should

be seen that if the velocity is sufficiently large so that w - u_ n < 0 then

this wave would also represent a wave travelling in the positive x-direction.

In the simple case of a longitudinal wave this would occur if u>c.

It should also be observed from (4.17) that the frequency shift is dependent

upon sound speed. For a longitudinal wave the frequency shift is _(Itu/c}.

Thus across an interface where the sound speed changes there would be a

change in the period of the disturbance which is dependent upon the Mach

number either side of the interface. A similar result is true for lateral

waves, however, the frequency shift is dependent upon u,c,_ and a

independently.

4.5. Reflection and transmition coefficients

If a wave travelling in the positive z-direction strikes an interface at

which the sound speed and the specific heat ratio change then the reflection

and transmition coefficients are obtained by requiring that the pressure and

velocity be continuous across the interface. If an incoming longitudinal

wave has unit amplitude then the transmitted and reflected waves have

amplitudes of

and

-

(4.18)

(4.19)
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respectively (n=O), where

(4,20)

and subscripts 1 and 2 refer to the mediums which the incident and

transmitted waves respectively traverse.

If the incident wave is a lateral wave then it is not possible to

collectively satisfy continuity in the pressure, the longitudinal velocity

component (a#/az) and the lateral velocity component (8#/ar) across the

interface. One of these restrictions has to be ignored. To be consistent

with the wall boundary condition, slip at the interface will be tolerated.

With this assumption the reflection and transmition coefficients will be the

same as that for a longitudinal wave.

There is an additional point to consider for lateral wave transmition which

does not arise with longitudinal waves. There is the possibility that the

transmitted lateral wave can not be supported in the new medium. If region 1

supports a lateral wave then w > C1_n, however if the sothnd speed in region 2

is sufficiently large so that _ < C2_ n then _n2 will be imaginary and thus

the trar_smitted wave will decay exponentially.

4.6. Receding unsteady expansions

In this section the pltot pressure properties of a receding unsteady

expansion are determined as a function of Mach number. From these properties

it will be concluded (section 5) that the compression observed following the

driver-test gas interface can be modeled as an unsteady expansion travelling

upstream. The unsteady expansion is assumed to be a disturbance for which it

is too large to ignore sound speed variations. Thus, the properties of

one-dimensional isentropic inviscid flow are used.

Across an unsteady adiabatic expansion travelling upstream into an ideal

inviscid isentropic gas the velocity and sound speed are related to the

steady upstream condition (subscript o) by

2 2
m

u + _'-I c %+ _'q Co (4.21)

The wall pressure and sound speed are related by

(4.22)
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The Rayletgh pltot pressure formula written in terms of wall pressure and

Mach number (M=u/c) is

:p = pl_,_ 7-I _, _ .__
(4.23)

From (4.21) the sound speed across an unsteady expansion may be written in

terms of Mach number and thus from [4.22) and (4.23) the wall and thus the

pitot pressure can also be written as functions of the Mach number.

By examining the derivative of the pitot pressure with respect to the Mach

number it can be shown that

d_P 1 + 5 _
-- < 0 ; M > -- _, 1 62 (4.24)
dM 2 "

and

d? 1 + 5 %
-- >0 ; l<M<
dM 2

(4.25)

independent of specific heat ratio.

If an unsteady expansion is travelling upstream in a flow with Mach number

greater than one then the wail pressure will rise and the Mach number will

fall as the expansion is convected downstream past a fixed point on the tube

and thus the expansion will appear as a compression. If the flow Mach number

at the beginning of the compression is greater than 1.62 then since the Mach

number is decreasing with time the pitot pressure will increase until the

Mach number is 1.62. If the Mach number decreases further the wall pressure

shall continue to increase but the pitot pressure wall fall.

5. Receding Unsteady Expansion Results

The following three observations show that the compression following the

interface observed in the wall pressure measurements can be modeled as a

receding unsteady expansion.

I. The expansion has a decreasing gradient as the flow Mach number upstream

of the expansion decreases. This is consistent with an expansion travelling

upstream. The expansion head travels upstream at a speed cO with respect to

the flow and is converted downstream with a velocity uO' and as the shock

speed decreases uo decreases and cO increases thus the separation between the
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expansion head and the interface will increase. If uo= co then the expansion

head is stationary with respect to the tube, so the observed compresslon

would be very slight.

2. Table _ lists the pitot pressure (_o) and wall pressure (Po) which are

measured at the expansion head at the four highest shock speeds. From these

two quantities the flow Mach number (MO) at the expansion head is determined

using Rayleigh pitot pressure formula (4.23). The fifth column of Table 2

lists the wall pressure at the driver-test gas interface, which is assumed to

be the trailin E edge of the expansion. It is then assumed that the expansion

is unsteady and the Mach number behind the interface (M 1) is determined using

the relation

}T-1
(5.1)

which is obtained from the unsteady and adiabatic relationships (4.25) and

(4.22) respectively.

Knowin E M I and P! the pitot pressure behind the interface is determined with

(4.23) and is tabulated in column 7. It can be seen that these values agree

very well with those observed (column 4).

At lower shock speeds than those tabulated the agreement is not as good.

However, the compression observed in the wall trace for P,= 80mm has only a

slight gradient which would indicate that the upstream Mach number is

approaching one (and the Mach number is less for P,>8Omm), thus the Pitot

probe may be outside the Mach cone in which case the above analysis is no

longer valid. Theoretical ideal gas calculations indicate that the driver

gas is at Math I when the shock speed is approximately 3.3 km/s which is

consistent with this deduction as this theoretical shock speed is only

slightly less that that measured (see Table I).

3. It was seen in the previous section that an unsteady expansion would

produce a rise in both the pitot and wall pressures provided the Mach number

is greater than 1.62 and the pitot pressure would fall as the wall pressure

rose if the Mach number was less than 1.62 (and greater than one). It can be

seen from figures 3 and 4 that this trend is observed, however, the turnin E

point would appear to be approximately Mach 2 rather than Mach 1.62.

6. Spectral Distributions of Measured Disturbances

Fourier analysis have been used to study the frequency distributions of the

pitot pressure disturbances in the driver gas. The frequency spectrums in
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figure 10 where made using fast Fourier transform techniques over 256 points

from data sampled at a rate of I MYlz.

It can be seen that there is a definite band of frequencies different from

zero at whlch the disturbance is dominate. The band width is a function of

filling pressure. It can be seen that the Fourier decomposition of the

repeat pltot pressures {figure 5) have similar forms. The decomposition has

been taken over the time period in which the unsteady expansion was detected.

It can be seen from 4.10 that for a given sound speed that the fundamental

frequency of a lateral wave must be greater than cAn. All lateral waves with

fundamental frequencies less than this will decay. It should be observed

that there is not a non-zero lower bound on the fundamental frequency of a

longitudinal wave since Ao=O.

From Table 2 the Mach number immediately behind the interface (MI) for Ps=5mm

is 2.57. The shock speed measured {Table 1) was 5.82 km/s. Hence. for an

ideal gas (_=1.4) the gas speed would be 4.85 km/s. Therefore, the sound

speed of the driver gas behind the interface would be 1.89 km/s. For a first

order lateral wave (n=1) AI=201.6, hence, the fundamental frequency of a

first order lateral wave must be greater than 380450/2_=60550 Hz. From 4.17

because _n>O it then follows that in the laboratory frame of reference the

frequency of a first order lateral wave travelling in the direction of the

flow would also be greater than this frequency. Following the same arguments

it can be shown that the frequency of a second order lateral wave travelling

in the flow direction must be greater than 110980 Hz. It can be seen from

the Fourier decompositions of figure 10 that a large number of the dominant

frequency components are between the lowest observable frequencies of the

first and second order lateral waves for P,=Smm {Similar statements can be

made for P,=1Omm and P,=2Omm). From this alone it can not be concluded that

these disturbances are lateral waves because longitudinal waves can exist at

any frequency.

However, the dominance of the lateral wave would be consistent with the

reduced amplitudes observed in the wall pressure disturbances. The Bessel

function J0(A,a) _ 0.4 Jo(O}, thus the static pressure along the wall is 0.4

that of the centreline static pressure. This enhances the increase in pitot

pressure fluctuations which results from the contributing velocity component

from a disturbance travelling in the flow direction {section 4).

Furthermore the dominance of lateral waves is also consistent with

Possilico's interforometry results which did not detect a large variation in

the integrated density across the test gas. In a lateral wave the density

variation is both positive and negative across the test section and thus the



Integrated density would be reduced. It can be shown that

_0 J°(Ar)dr 1.08 m 1

.a 3.83 4

Jo dr

(6. l)

so that the fringe shift which would be observed in a lateral wave would be

approximately one quarter of that for a longitudinal wave.

Hence, it can be concluded that many of the properties of the disturbances

which could not be explained through the existence of longitudinal waves can

be understood if the disturbances are lateral waves.

7. Hypulse Results

The G.A.S.L Hypulse facility has made one run (run no. I) in which it was a

shock tube. The test gas was alr, the driver gas was hellum, the filling

pressures of the driver and shock tubes where II MPa and 8.5 mm respectively.

The inslde diameter of the Hypulse faclllty is 152.4 mm. The average shock

speed was approxlmately 2.5 km/s. It can be seen from flgure 11 that

disturbances similar to those observed in the University of Queensland TQ

facility are also observed In the Hypulse faclllty.

A further observation can be made from the Hypulse facility which could not

be made In TQ. Due to the larger diameter of Hypulse seven pltot pressure

measurements could be made concurrently across the flow. These are displayed

in figure 11. It can be seen that the amplltude Is the greatest at the

centre which is consistent with lateral waves.

8. Concluslons

I. An compression is observed in the driver gas which starts Immediately

behind the drlver-test gas Interface. This compresslon can be modelled as an

unsteady expanslon travelling upstream.

2. First order lateral waves (n=l) would appear to be the dominate

osclllltory dlsturbance which exist in the drlver gas.
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TABLE 1.

SHOCK TUBE FILLING

PRESSURE (mm)

SHOCK SPEED BETWEEN

GAUGES (km/s)

320 160 80 40 20 10 5

1 AND 2 - - 4.65 5.06 5.44 5.72 6. 19

2 AND 3 - 3.48 4.15 4.69 5.17 5.76 6. 13

3 AND 4 2.39 3.10 3.60 4.19 4.82 5.50 5.97

4 AND 5 2.12 2.69 3.18 3.79 4.41 5.27 5.82

TABLE 2.

P, 9o Po Mo _*lea, PI MI I
mm kPa kPa kPa kPa kPa

5 3350 500 2.05 2950 300 2.57 3070

10 3150 550 1.89 2880 350 2.35 2980

20 3350 670 1.75 3690 460 2.13 3240

40 3880 830 1.69 4550 560 2.07 3800
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TI Theoretical Interface based on average =hock speeds

MI Most likely interface position

,w_i

U P.=80..]

25.6 _dlv

F,GURE 3.

IPITOT PRESSURE AS A FUNCTION OF TIME FOR

DIFFERENT SHOCK TUBE FILLING PRESSURES.

I

Ps=320mm I

FIGURE 4.

WALL PRESSURE AS A FUNCTION OF TIME FOR

DIFFERENTSHOCK TUBE FILLINGPRESSURES.
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